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Abstract  

The authors tried to improve the accuracy of 
transition analysis in supersonic flow by 
combining a usual eN method and a Navier-
Stokes computation. Transition characteristics 
of a sharp cone and a nose cone with non-zero 
angle of attack, and a supersonic natural 
laminar flow (NLF) wing designed by our 
agency were analyzed. The Navier-Stokes code 
was used for the estimation of the three-
dimensional laminar boundary layer profiles 
that are the greatest controlling factor of the 
accuracy of the eN method. Transition location 
on the side surface of the sharp cone and nose 
cone moved forward significantly in comparison 
with that on the top and the bottom lines of the 
bilateral symmetry plane. It is dominated by the 
crossflow instability on the whole surface except 
extremely near the top and the bottom lines. 
Strong forward movement of transition was only 
found on the top line of the sharp cone. It is 
based on the instability due to the inflection 
point of two-dimensional laminar boundary 
layer profile. It became clear that the transition 
location estimated by the present analysis was 
in the rear of the wing as compared to the result 
by the 3-dimensional boundary layer code with 
the conical flow approximation by Kaups-
Cebeci. This was caused by over estimation of 
the crossflow near the leading edge of the wing 
under the influence of the approximation. 
Therefore, it is thought that the highly accurate 
laminar boundary layer has large influence on 
estimating critical Reynolds number. 

1  Introduction 

Establishment of a transition prediction method 
is one of the important subjects in engineering. 
Today, the eN method based on the stability 
theory of a laminar boundary layer is used as the 
most effective technique, and many analyses are 
tried at low speed and transonic speed [1]. 
However, a transition analysis at supersonic 
speed is limited to simple configurations like a 
sharp cone. It is originated in difficulty of 
obtaining effective transition data because usual 
supersonic wind tunnels have relatively large 
freestream turbulence. However, the sharp cone 
of 10° of apex is adopted as a standard model of 
transition study, and then the transition database 
by wind tunnel tests and flight tests is 
constructed [2]. 

However, even such a simple sharp cone, if 
it has non-zero angle of attack, a flow field 
becomes remarkably complicated. Thus, the 
transition characteristics become less simple. 
Although typical examples of experimental and 
numerical studies on the sharp cone at M=3.5 
are demonstrated in reference [3] and [4], 
transition studies on axisymmetrical bodies with 
non-zero angle of attack in supersonic flow are 
not enough to understand its mechanism and to 
establish any transition prediction methods.  

Japan Aerospace Exploration Agency 
(JAXA) has been promoting the scaled 
supersonic experimental airplane project as a 
part of developing the design technologies of a 
next generation SST. In this project, an original 
supersonic natural laminar flow wing design 
concept has been developed [5], and the actual 
validation of the effect is planned by flight tests 
with the airplane. A transition analysis tool was 
needed in the development process of the 
airplane. Although the program code [6] based 
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on the eN method was already spread widely in 
the USA, it was still difficult for us to obtain the 
code. Therefore, we have originally developed 
an analysis code [7], and then performed 
analysis and evaluation of the transition 
characteristics of the experimental airplane [8]. 
Qualitative validation of the effect of the 
supersonic natural laminar flow wing concept 
was also performed by wind tunnel tests [9]. 

In general, the accuracy of transition 
analysis based on the eN method strongly 
depends on the accuracy of laminar boundary 
layer analysis. In the experimental airplane 
project, the Kaups & Cebeci method [10] was 
used for the analysis of laminar boundary layer. 
This method was also used in the above 
mentioned eN code [6]. The method introduces 
the conical flow approximation to simplify the 
three-dimensional boundary layer equations. 
The approximation means no pressure gradient 
along the radial axis in the polar coordinate 
system shown in Fig. 1. It is mainly considered 
that the approximation is effective in the high 
aspect ratio wing. However, in the low aspect 
ratio wing with a highly swept leading edge and 
a warped surface like an SST, the approximation 
dose not provide the sufficient accuracy of 
estimating the laminar boundary layer along the 
curved streamline near the leading edge. 

To realize the high accurate analysis of a 
laminar boundary layer, we should solve the 
complete laminar boundary layer equation 
formulated in a general curvilinear coordinate 
system. However, the method of solution of 
such an equation system is very complicated. In 
general, CFD analysis is used abundantly for 
estimating the accurate pressure distribution on 
the whole surface of complicated configurations. 
Therefore, it is very effective and efficient that a 
Navier-Stokes analysis is directly applied to 
estimate a laminar boundary layer profile. 

In this study, we constructed the transition 
analysis procedure which was consisted of both 
a CFD code for laminar boundary layer profiles 
and our original eN code for stability 
computation and integration of amplification 
rates of small disturbances. In the development 
of this procedure, we devised grid resolution, 
and we made an interpolation program for 

estimating three-dimensional laminar boundary 
layer profiles and several physical quantities 
along outer streamlines over a configuration. By 
using this procedure, we were able to treat not 
only the highly accurate transition analysis 
about the natural laminar flow wing but also the 
transition characteristics of the above-
mentioned axisymmetrical bodies with non-zero 
angle of attack.  

First of all, the accuracy of the estimated 
result of the laminar boundary layer in the 
Navier-Stokes (NS) code was investigated 
through the analysis of the axisymmetrical 
bodies at 0° angle of attack. This was performed 
by comparing the NS-based laminar boundary 
layer profiles with the results of the already 
established axisymmetrical laminar boundary 
layer code [11]. Next, transition characteristics 
at 2° angles of attack were analyzed. In 
particular, about the transition analysis of the 
sharp cone, we took up the wind tunnel test in 
reference [12]. Then, we tried physical 
consideration to the feature of the transition 
characteristics in comparison with the analysis 
results. 

Moreover, in case of the natural laminar 
flow wing, we compared the boundary layer 
profile by the Kaups & Cebeci method [10] with 
that by the NS code, and then considered the 
differences of N factor distributions based on 
those profiles. Here, the N factor is qualitatively 
corresponding to transition location. In addition, 
the validity of the conical flow approximation of 
Kaups & Cebeci code was also examined using 
whole pressure distributions on the surface at 
the design angle of attack (2° ) by the NS code. 

As above, the experimental transition data 
are required in establishing the practical 
transition prediction method based on the eN 
method. Unfortunately, construction of such a 
transition database at supersonic speed is 
incomplete at present. Therefore, in this study, 
we pay attention only to the N factor 
distributions (or pattern) because the 
quantitative prediction of transition locations is 
not possible. For that reason, investigation of 
quantitative prediction is taken as the future 
subject. 

The outline of our eN method and CFD 
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(NS) analysis are summarized in section 2. The 
results of transition analysis on the sharp cone, 
the nose cone, and the natural laminar flow 
wing of the experimental airplane are described 
in section 3, 4 and 5 respectively. 

2 Outline of Transition Analysis Procedure 
with CFD 

2.1 Outline of eN Method Based on Linear 
Stability Theory 
In general, the next formalism is used in the 
spatial linear stability theory of a 3-dimensional 
laminar boundary layer. First, parallel flow 
approximation is applied to the laminar 
boundary layer, and then small disturbance of a 
following plane wave type is assumed. 
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Here, q’ represents velocity, temperature, and 
density, etc.; x is a local streamline direction at 
the edge of the boundary layer; y is a boundary 
layer thickness direction; z is a crossflow 
direction perpendicular to them; αr and βr are 
the wave number vectors of disturbance in x and 
z directions, respectively; αi and βi are 
amplification rate in x and z direction, 
respectively; and f is frequency of disturbance. 

Next, linearization is carried out by 
considering q’ is very small. Moreover, if the 
boundary condition is imposed that disturbance 
is 0 at the edge of the boundary layer and the 
wall, the simultaneous equation which forms an 
eigenvalue problem will be derived. Although 
this equation is solved under the specified 
Reynolds number and f at every x station, 
certain auxiliary equations are needed because 
the simultaneous equation includes four 
independent variables αr, αi, βr, βi. (The 
following assumption was used in our 
procedure.)  

Furthermore, the eN method is applied to 
predict the transition locations. If the amplitude 
of disturbance at a neutral stability point and in 
the amplification region in the downstream are 
set to A0 and A respectively, then the location 
where the A increased eN times of A0 is judged 
to be an onset of transition. In this assumption, 
N factor is obtained by the following equation. 
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Here, C indicates an integral path. In general, 
there are any arbitrary manners of selection of 
the path in case of a 3-dimensional flow. 
Although some trials (models) about the path 
and auxiliary equations are already proposed 
[1][13][14], they have no theoretical 
completeness. Therefore, we adopted the 
following assumption for the simplicity. 

First, since a small disturbance is assumed, 
it is thought that the disturbance is basically 
carried along a local streamline. Therefore, we 
focus on the integral path limited in the local 
streamline direction (dz = 0), and then use the 
following equation. (Refer to Fig. 1) 
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Here, ψ means a propagation direction of a 
wave number. (0° corresponds to a local 
streamline direction, and 90° corresponds to a 
crossflow direction.) 

Next, the assumption of ψ  = 0° was used, 
because we found out that N factor might 
become large most, in case of ψ = 0° in the 
investigation study of the influence of ψ on 
eigenvalue αi [8]. Finally, in order to decide the 
relation between ψ and αi, the following 
envelope method [1], which was widely used by 
many researchers, were applied. That is, 
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Here, N(x) curves are evaluated for every f using 
above equation. Further, the following equation, 
which means the envelope of these N curves, is 
used as the final transition decision. 
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(In addition, this analysis code is called 
“LSTAB” code for convenience in subsequent 
explanation.) 

2.2 Outline of Laminar Boundary Layer 
Computation Code by Kaups & Cebeci  
In nature of the eigenvalue equation, the first 
and the second derivatives of the profile in the 
thickness direction (y) are also needed. Thus, an 
analysis code of a 3-dimensional boundary layer 
which can estimate smooth profiles up to the 
second derivative is required. The method of 
reference [10] is relatively simple and is widely 
used because of conical flow approximation. 
The approximation means 0/ =∂∂ czCp (zc 
indicates the radial coordinate shown in Fig. 1.) 
In this method, a boundary layer is computed 
along the arc xc shown in Fig. 1. The estimated 
profile at each xc station is transferred to the 
chordwise coordinates X at the spanwise station 
according to the conical flow approximation. 

Moreover, if this coordinate system is used, 

the integration of equation (4) has an advantage 
that numerical integration becomes easy 
because the equation becomes convertible into 
the integral of the chordwise coordinate dX by 
the analytical function based on the streamline 
direction and the planform geometry. 

2.3 Outline of Transition Analysis Procedure 
with CFD 
The transition analysis procedure consists of the 
following two steps. (A) First, the flow field and 
the laminar boundary layer on the surface of the 
object are estimated using the general-purpose 
CFD computation code called “UPACS” [15] of 
JAXA. (B) Next, the N factor that is concerned 
with a transition criterion is computed according 
to equation (5) using eN method (LSTAB code). 
The subject on (A) and a comment of the 
integral path for the N factor are summarized 
below. 

2.3.1 Outline of Grid Resolution of CFD 
Analysis 
In order to estimate a laminar boundary layer 
profile required for a transition analysis, it was 
necessary to modify grid density so that many 
grid points would be concentrated in a boundary 
layer compared with the grid for the usual CFD 
analysis. Moreover, it was also necessary to 
modify the spacing in the direction of boundary 
layer thickness for decomposing a profile with 
high precision. 

First, the laminar boundary layers on the 
sharp cone and the nose cone at zero angle of 
attack were analyzed using the CFD code at 
several kinds of resolution. Then, they were 
compared with the results estimated with the 
axisymmetrical boundary layer code [11]. 
Consequently, in case of the sharp cone as 
shown in Fig. 2, the minimum grid size in the 
direction of boundary layer thickness was set to 
0.0135/(Re)0.5. In addition, it was found out that 
the grid resolution that was provided about 70 
grid points in the boundary layer was effective. 
The total grid number was about five million 
points. Moreover, in case of the nose cone, the 
minimum grid size became effective at 
0.058/(Re)0.5 by the same consideration, and the 
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total grid number became about four million 
points.  

2.3.2 Selection Rule of Edge of Boundary Layer 
In general, although the selection of the edge of 
a boundary layer is accompanied with some 
arbitrariness, the arbitrariness should not have 
any influence on boundary layer phenomenon 
essentially and physically. However, the LSTAB 
code has used boundary layer thickness as the 
reference length for making dimensionless for 
simplification of the formulation. Of course, the 
influence of boundary layer thickness is finally 
canceled out in the computation of N factor 
from the reason of the program structure.  

However, it strongly requires the boundary 
layer thickness in the middle phase of 
computation. As a result, it has a weak point that 
a computation error remains. Moreover, in the 
LSTAB code, in order to integrate an 
amplification rate of a small disturbance wave 
in the direction of an external streamline on the 
edge of the boundary layer, highly accurate 
estimation of the direction and physical 
quantities (Mach number, temperature, etc.) 
becomes essential. 

For the above reason, a modification of the 
system which estimates boundary layer 
thickness as sufficiently accurate as possible is 
needed in this transition analysis system. Thus, 
appropriate selection rule of the boundary layer 
edge were examined through comparing the NS-
based boundary layer profiles with the profiles 
by the axisymmetric boundary layer code [11] 
about the sharp cone and the nose cone at 0° 

angle of attack. 
Consequently, by the selection rule for 

defining the point at 99.9% of the maximum 
velocity in the boundary layer as the boundary 
layer thickness, it became clear that a large error 
arose near the leading edge as shown in Fig. 3. 
It depends on that the boundary layer near the 
leading edge is extremely thin. Hence, it is 
thought the error accompanying interpolation at 
the point of 99.9% is amplified. Therefore, by 
paying attention to a derivative d (ρu)/dy, we 
defined the point below a certain value (%) to 
the maximum value of the derivative in the 
boundary layer as the edge of the boundary 
layer. Of course, the value should be 0 strictly, 
but it is impossible to set 0 values in the 
continuous linking with the flow field of the 
outside of the boundary layer.  

As a consequence of investigation, as 
shown in Fig. 3, when the value was set to 0.4% 
on the sharp cone, it became clear that it was 
almost completely in agreement with the result 
by the boundary layer code. Moreover, the result 
using the value 0.4% was good on the nose cone, 
but the degree of coincidence has been 
improved further when the value was set to 
1.0%. If the solution by the boundary layer code 
was known in advance like this time, the above-
mentioned values (04%: sharp cone, 1.0%: nose 
cone) were used then, and also in case of non-
zero angle of attack, this selection rule was also 
applied directly. 
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2.3.3 Comment on Integral Path for 
Computation of N factors 
Since the edge of the boundary layer is 
estimated in Navier-Stokes calculation as 
mentioned above, the direction of the local 
streamline can be estimated automatically. 
Therefore, it is considered that the integration of 
eigenvalue αi is easily computable by the 
numerical integration. In this case, above-
mentioned assistance of the analytical 
formulation becomes unnecessary. 

3 Transition Analysis on 10º Sharp Cone  

3.1 Case on 0º of Angle of Attack 

As an analysis condition for the sharp cone, we 
took up the case of freestream Mack number 2.0 
and unit Reynolds number 9 million because 
there was a database of a lot of wind tunnel and 
flight tests. In general, if a sharp cone has 0º 
angle of attack at supersonic speed, the 
boundary layer has self-similar feature because 
of lack of the representative length 
characterizing a flow direction. This means that 
dimensionless form of velocity and temperature 
profiles based on a displacement thickness are 
similar. 

Therefore, first of all, checking the self-
similar feature of the boundary layer profile was 
attempted as a part of validation of present 
procedure with the Navier-Stokes code. Fig. 4 
shows the comparison of the velocity and the 
temperature boundary layer profiles at the three 

different streamwise stations. From the fact that 
both profiles are overlapped completely at each 
station as shown in Fig. 4, the self-similarity is 
confirmed clearly. Thus, the accuracy of 
estimating the boundary layer by the NS code is 
considered to be sufficient. 

Figs. 5 show the results of the stability 
analysis using the boundary layer profile of NS 
computation. In Fig. 5a, the propagation 
direction of the small disturbance wave with the 
maximum amplification rate using the CFD-
based boundary layer profiles (solid line) is 
compared with the result using the 
axisymmetric boundary layer code [11] (broken 
line). The figure shows they coincide very well. 
Moreover, Fig. 5b shows N curves for each 
frequency by equation (4), and differences are 
very small even there are slight discrepancies 
between them. Thus, the results of the transition 
analysis with CFD (NS) code are considered to 
be appropriate sufficiently. In addition, the N 
factor distribution on the surface of the sharp 

10°sharp cone: M∞=2, α=0°,T∞=166.67K, Reu∞=9*106
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cone is also shown in Fig. 11 with broken lines, 
as demonstrated below. 

3.2 Case on 2º of Angle of Attack 
As a typical example of the case of non-zero 
angle of attack, the angle of 2º was selected here. 
The estimated external streamline by CFD 
analysis with the above-mentioned edge 
selection rule is shown in Fig. 6. A few 
representative streamlines are also shown in Fig. 
7a. Here, for our convenience, we set the top 
line to #6, the bottom line to #96, and two 
streamlines on the side surface to #86 and #91 
as naming of streamlines. 

First of all, it is seen in Fig. 7a that the Cp 
distribution on the top and bottom lines are 
almost constant in the flow direction. Moreover, 
they mutually shift same amount to the opposite 
direction against the result of 0º angle of attack. 
The flow on the top and bottom lines is two-
dimensional and has no crossflow in the 
boundary layer.  

Boundary layer thickness distribution is 
shown in Fig. 7b. The thickness on the top line 
is relatively thicker than the thickness on the 
bottom line and the side lines. It is found that 
there is no factor that grows the boundary layer 
greatly because of no pressure gradient in the 
flow direction. 

Fig. 8 shows the boundary layer profiles on 
the external streamline direction (U/Ue) and the 
crossflow direction (V/Ue) at a representative 
axial station (x=0.6m). Except the top and 
bottom lines, it is confirmed that the crossflow 
component has certainly induced. Moreover, on 
the top line, it turns out that the U/Ue profile is 
similar to the profile with an inflection point 
near separation. This is the true nature of the 
increase in the boundary layer thickness as 
shown in Fig. 7b. As there is no pressure 
gradient, we suppose that it is owing to 3-
dimensional effect by flowing into the top line. 

In order to study this phenomenon, in the 
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Fig. 6. Flowfield of 10°sharp cone computed with 
CFD(UPACS-NS version) code
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face perpendicular to the axial direction in 
relatively rear of the sharp cone, the velocity 
profile near the top line and Mach number 
contour are shown in Fig. 9. In addition, the 
result on the below-mentioned nose cone is also 
shown in this figure for comparison. As we can 
guess mostly from Mach number contour, the 
boundary layer thickness is increasing near the 
top line on the sharp cone. On the other hand, 
such tendency is not seen on the nose cone.  

The velocity vectors on the sharp cone in 
the circumference direction indicate the inflow 
with relatively low speed fluid to the symmetric 
plane near the wall, and the outflow with 
relatively high speed fluid from the plane near 
the edge of the boundary layer. Therefore, the 
external streamlines slightly expand toward the 
circumference direction and downstream.  This 
means the direction of the boundary layer 
thickness is a getaway of the flow that is flowed 
in from both sides toward the symmetric plane. 
Such flow feature is balanced by the rotational 
flow field. 

On the other hand, the outflow from the 
symmetric plane is hardly seen on the nose cone. 
This probably depends on the fact that the low-
speed fluid that flows into the symmetric plane 
near the wall is accelerated because of strong 
acceleration due to favorable pressure gradient 
in the axial direction. As a result, no flow in the 
direction of the boundary layer thickness is 
induced, and the inflow fluid is taken in through 
a deformation of the velocity profile in the 
symmetric plane. This expresses that the 
remarkable outflow from the symmetric plane is 

not observed. Therefore, it is considered that the 
boundary layer thickness is not increased on the 
top line of the nose cone. 

Furthermore, through investigating the 
pressure distribution in the boundary layer near 
the top line in detail, a remarkable pressure 
gradient was observed in case of the sharp cone. 
In general, boundary layer approximation does 
not contradict that a pressure gradient exists in a 
boundary layer which progresses on a surface 
having curvature. On the other hand, the large 
curvature of the external streamline on the nose 
cone is suppressed by the acceleration due to a 
favorable pressure gradient in the axial direction. 
Consequently, it is understood that the pressure 
gradient in the boundary layer is kept relatively 
uniform. 

Next, Fig. 10a indicates the result of 2º 
(solid line) and 0º (O mark) angles of attack for 
the propagation direction with maximum 
amplification rate on the streamline #86. From 

Mach 
contours

External 
streamlines

Velocity 
vectors within 

the B.L.

Sharp cone NoseTop
line

Top
line

Fig. 9. Detail of flowfield near the top line of 10°sharp 
cone and nose cone at M=2 and α=2°
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the figure, it is seen that the direction increases 
to 80º-90º on the side when it has a non-zero 
angle of attack. It is easily understood that 
crossflow instability is dominated in the case of 
non-zero angle of attack.  

Fig. 10b shows the envelope of the N 
curves for each frequency estimated by equation 
(5). The figure shows that the N factor on the 
top line is very large. This tendency contradicts 
expectation that the N curves in Tollmien-
Schlichting instability are smaller than that in 
crossflow instability. It cannot be 
overemphasized that this originates in the 
velocity profile on the above-mentioned top line. 
On the other hand, on the bottom line, it also 
turns out that it is decreasing in case of 0º angle 
of attack as we expected. 

Fig. 11 shows a side view of the N factor 
distributions finally obtained. As an effect of 
angle of attack, it can be seen that the estimated 
transition location corresponding to a certain N 
factor, except on the bottom line, moves forward 
considerably. This tendency is qualitatively 
almost similar to the result of the transition 
measurement by King [3] as shown in the figure, 
in spite of different Mach number and angle of 
attack conditions. Thus, it is supported that this 
analysis result is appropriate. Moreover, it is 
also suggested in the reference [4] that transition 
on the top line is dominated by inflection point 
instability on two-dimensional boundary near 
separation. However, the transition location 
pattern near the top line is not clearly found out 
in reference [4]. 

In order to investigate the transition 
location pattern on the sharp cone with non-zero 
angle of attack, transition measurement tests 
were carried out [12] as a part of fundamental 
technology research activities of our project. 
The wind tunnel of Fuji Heavy Industries (FHI) 
in Japan was used for the test because it had 
relatively low freestream turbulence due to in-
draft driven system. Transition characteristic 
analysis at the test condition was also performed 
using this technique.  

Figs. 12 show the comparison of the N 
factor distribution in the analysis and the 
transition location pattern measured with the 
infrared camera technique. Fig. 12a is a side 
view. If N=6 is assumed, the N factor 
distribution is qualitatively similar to the 
measured transition location.  

Fig. 12b is a top view. Here, it is seen that 
the result with N= 5 is closer to the test result. 
Further, it was confirmed that the measured 
transition location on the top line also moved 

10゜Sharp cone: M∞=2, α=2゜, T∞=166.67K, Reu∞=9*106
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forward a little as similar to the predicted one. 
Moreover, it is supposed that the possibility of 
promoting transition due to the separation type 
instability is supported. 

 However, the amount of the forward 
movement of transition location was quite 
deviated quantitatively. Naturally, the criterion 
of N=6 or 5 includes the influence of freestream 
turbulence in the tunnel. Therefore, we can not 
conclude that the principal mechanism for the 
forward movement of the transition on the top 
line is a cause based on our numerical 
consideration, as mentioned above, because of 
no experimental information [12] of boundary 
layer profile on the top line. It is necessary to 
advance further experiments for the transition 
behavior near the top line. 

Finally, in order to understand 
quantitatively that crossflow was dominated on 
the side face of the sharp cone with non-zero 
angle of attack, we tried to simulate pseudo N 
factor distribution without crossflow instability 

using the LSTAB code at no crossflow 
condition. The result is shown in Figs. 13. The 
broken lines in the figures are the result without 
the crossflow component. If there is no 
transition due to the crossflow instability (if 
only oblique T-S wave instability is a main 
factor), it turns out that all the transition 
locations move rearward except the top line.  

This behavior may be easily understood 
from the favorable pressure gradient shown in 
Fig. 7, except for the top and bottom lines. 
Since it becomes an accelerated type toward 
downstream, it always leads to delaying 
amplification of the oblique T-S wave instability. 
However, because of any pressure gradient 
between such curved external streamlines, 
crossflow is always generated and the transition 
is brought forward according to the inflection 
point type instability. In the case of the sharp 
cone with non-zero angle of attack, it is found in 
Fig. 13b that the crossflow instability is 
dominated in all the regions excluding within 
about 10º from the top line. 

4 Transition Analysis on the Nose Cone of the 
Scaled Supersonic Experimental Airplane 

The nose cone of the scaled supersonic 
experimental airplane (called “NEXST-1”) is the 
same as the front part of the Sears-Haack body 
by applying the area-ruled fuselage design 
method [5]. In the transition analysis on the 
nose cone, the same condition as the wind 
tunnel test in reference [12] was selected. It is 
planed to compare the analysis result with a 
transition measurement result which will be 
tried in the near future. The result of the 
transition analysis in the case of 2º angles of 
attack is described below.  

First of all, using the above-mentioned 
selection rule of the edge of a boundary layer, 
the direction of an external streamline is 
estimated based on the velocity vector of the 
streamline. The pressure distributions on the 
typical streamlines are shown in Fig. 14a. Here, 
we named the top line as #1, the bottom line as 
#111, and two representative streamlines of the 
side as #90 and #102 in the figure. (Those 

10゜Sharp cone: M∞=2, α=2゜, T∞=160.1K, Reu∞=13.05*106
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streamlines are indicated in Fig. 16.)  
In the pressure distribution shown in Fig. 

14a, the favorable pressure gradient on the top 
line is more moderate than that at the case of 0º 
angle of attack. The pressure gradient on the 
bottom line is increasing a little after the middle 
of nose length. Moreover, while the favorable 
pressure gradient near the apex of the nose cone 
is decreasing on the side surface of the cone, the 
pressure gradient is increasing toward rearward. 

According to these pressure distributions, 
we can easily understand the tendency of the 
boundary layer thickness distribution shown in 
Fig. 14b. The boundary layer thickness on the 
top line is large compared with the thickness on 
the bottom line and the side lines. This feature is 
the same as that of the sharp cone. However, 
through examining the velocity profile on the 
top line in detail (mentioned later), the increase 
of the thickness was confirmed to be unrelated 
to the profile near separation. Thus, it is 
concluded that the increase of the thickness 

simply originates in the difference of the 
pressure gradient in the flow direction. 

Fig. 15 shows the envelope of the N curves 
corresponding to each frequency. It is seen that 
the N factors of the envelope curves on the side 
surface are very large. Furthermore, the 
propagation direction with maximum 
amplification rate of a small disturbance wave 
was confirmed to be almost 80º-90º. These 
results lead to the fact that crossflow instability 
is certainly dominated on the side surface. Here, 
although the envelope on the top line shown in 
Fig. 15 is decreasing in 0.22<x/L, it probably 
depends on some fluctuation in the physical 
quantity by CFD computation. Therefore, it is 
considered that this decrease is not essential 
tendency as the transition characteristics. 
Moreover, in case of the nose cone, as 
mentioned above, remarkable behavior on the 
top line of the nose cone is not seen as shown in 
the result of the sharp cone. 

Figs. 16 show the N factor distribution 
obtained finally. It is seen that the estimated 
transition locations corresponding to each N 
factor are in rearward on the top and bottom 
lines, and are moving forward rapidly on the 
side surface. This means that the transition is 
controlled by the crossflow instability almost in 
the whole region, except the top and bottom 
lines. Further, the broken lines in the figure 
express the estimated result in case of 0º of 
angle of attack.  

Moreover, the comparison of the N factor 
distribution in top view of the sharp cone and 
the nose cone is shown in Fig. 17. (Here, this 
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Nose cone: M∞=2, α=2゜, T∞=166.67K, Reu∞=9*106
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analysis was performed at the same unit 
Reynolds number condition of 9 million. 
Therefore, it strictly differs from the result in 
Fig. 16. However, it is confirmed that the 
qualitative tendency is completely equivalent.)  

It is seen in Fig. 17 that the region of the 
forward movement of transition location on the 
side surface is large on the nose cone. This is 

interpreted that existence of the favorable 
pressure gradient on the nose cone tends to 
induce crossflow in a boundary layer. Moreover, 
the N factor distribution near the top line is 
completely different from the case of the sharp 
cone. This difference is easily understood from 
the remarkably different velocity profiles as 
shown in the figure. In particular, it is clear that 
the velocity profile on the nose cone is not the 
profile near separation. 

5 Transition Analysis on the Natural 
Laminar Flow Wing of the Scaled Supersonic 
Experimental Airplane  

The designed wing has the large curvature near 
the leading edge because of realization of the 
natural laminar flow at supersonic speed. In 
order to improve the estimation accuracy of the 
laminar boundary layer near the leading edge, 
the above-mentioned CFD analysis procedure 
was applied. 

First of all, Fig. 18 shows CFD analysis 
result of the flowfield around the wing and 
fuselage at the design point of the experimental 
airplane (Mach number 2.0, angles of attack 2º, 
flight altitude 15km). A lot of thin lines in the 
figure are local streamlines of the edge of the 
boundary layer.  

Next, the validity of the conical flow 
approximation used in the Kaups & Cebeci 
method [10] was examined, based on the CFD-
based pressure distribution on the wing surface. 

遷移解析結
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Fig. 19a is a comparison of the chordwise 
pressure distribution at 30% semi-spanwise 
station. On the other hand, Fig. 19b shows the 
result of derivatives in the radial axis (zc) 
direction of Fig. 1. (Here we used r as zc for 
simplicity of notation.)  

These figures show that conical flow 
approximation is not strictly realized on all 
locations in the chordwise direction at the 30% 
semi-spanwise station. Since these derivatives 
have dimension, they are made dimensionless 
by the local chord length as shown in the figure. 
Then, it can be compared with the pressure 
gradient of the averaged chordwise direction at 
x/c=0.1-0.7 in Fig. 19a. As a result, it became 
clear that about 5 times stronger pressure 
gradient exists in the radial axis direction. 
Therefore, it is supposed that the laminar 
boundary layer computation code of Kaups & 
Cebeci has a remarkable error in application on 
a low aspect ratio wing with a highly swept 
back angle like the experimental airplane. 

 The laminar boundary layer analyzed 
using the CFD code at the inboard wing (at 
y/s=0.3) and the outboard wing (at y/s=0.7) are 
summarized in Fig. 20. In this analysis, we were 
fortunately able to use a conventional simple 
edge selection rule that boundary layer 
thickness was treated as the position where 
velocity had 99.9% of the maximum velocity 
within the boundary layer. As shown in the 
figure, the CFD-based boundary layer thickness 
agrees mostly with the result by the boundary 
layer code [10] from the leading edge to the 
middle of the chord length. 

Figs. 21 show the velocity profiles at 
chordwise location x/c=0.1, 0.3, 0.5 on the 30% 
semi-spanwise station. First of all, a little 
difference is seen in the crossflow velocity 
profile at x/c=0.1. Further, the direction of the 
crossflow velocity is qualitatively and clearly 
opposite at x/c=0.3. Moreover, it is found out 
that there is also a remarkable difference even in 
the external streamwise velocity component (u) 
at x/c=0.5. In addition, an inflection point is 
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seen on the CFD-based profile at the vicinity of 
x/c=0.5. 

Finally, the stability analysis was 
performed using those boundary layer profiles. 
The N factor distribution is shown in Fig. 22. It 
is seen in the figure that the estimated transition 
location corresponding to N=12 or more based 
on the profiles by the NS code is located 
rearward from that using the boundary layer 

code [10]. Here, If N=14 is selected in the flight 
test condition with almost no freestream 
turbulence according to reference [16], the 
CFD-based transition prediction makes stand 
out the effect of our natural laminar flow wing 
design concept. 

In addition, we set x/c=0.6 as a rearward 
limit in this study. The reason is as follows: it is 
difficult for the experimental airplane to 
maintain enough surface smoothness at x/c>0.6 
because of the limitation of manufacturing and 
the control surfaces in the inboard wing. 
Therefore, the case of N= 14 means that the N 
factor has not reached the value of 14 up to this 
limiting line. 

As mentioned before, the validity of our 
natural laminar flow wing design concept was 
already qualitatively validated by the wind 
tunnel test [9] because of freestream turbulence 
in wind tunnel. Therefore, it is expected that the 
quantitative validation will be obtained only 
through the transition measurement in a flight 
test, which theoretically corresponds to no 
freestream turbulence condition. Moreover, by 
comparing the transition location pattern and 
transition analysis result on the wing, we 
consider that the effect of the analysis accuracy 
improvement of this approach is given a clear 
decision.  

6 Concluding Remarks 
In a transition analysis, an estimation accuracy 
of a boundary layer profile is important. We 
constructed the transition analysis system by the 
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application of the CFD code with high grid 
resolution. First of all, this system enables us to 
analyze the complicated transition phenomenon 
of the axisymmetrical bodies with non-zero 
angle of attack. The transition analysis of the 
sharp cone and the nose cone of the 
experimental airplane were performed. 
Consequently, it became clear that the transition 
location on the bottom line was moved rearward 
as the effect of angle of attack, and the transition 
locations on the top line and the side surface 
were moved forward significantly. They are 
dominated by the crossflow instability. In 
particular, the predicted transition location 
pattern of the sharp cone was also qualitatively 
equivalent to the wind tunnel test data.  

The transition characteristics of the natural 
laminar flow wing of the scaled supersonic 
experimental airplane were analyzed by this 
procedure. Consequently, it was estimated that 
the natural laminar flow wing effect would be 
expanded more. However, remarkable 
difference of the N factor distribution between 
the CFD-based result and the result using the 
boundary layer code is only seen when the N 
factor is 12 or more. 
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