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ABSTRACT

The postbuckling performance of three-blade-stiffened
carbon fibre/epoxy shear panels containing artificial
delaminations has been investigated. The working
dimensions of the panels were 250 x 250 mm with 25
mm high stiffeners. The skins of the panels were 1 mm
thick consisting of eight plies of uni-directional carbon
-fibre/epoxy tape, while the stiffeners were 2 mm thick
+ consisting of 16 plies. Static tests under in-plane shear
loading showed that buckling initiated at 28 kN (79
N/mm), delamination growth at 48 kN (136 N/mm)
before ultimate failure at approximately 60 kN (170
N/mm). An analysis technique to determine the effect of
the delamination was proposed based on the virtual crack
closure technique. The strain energy release rate around
the circumference of the imbedded delamination was
determined from a geometric nonlinear finite element
analysis using two-dimensional plate elements. The
predicted location and mode of delamination growth was
shown to agree well with experimental results. Further
work is required to be able to predict the actual failure
load due to the mixed mode failure experienced.

INTRODUCTION

The progressive introduction of advanced fibre
composite materials into primary aerospace structures
has enabled significant performance improvements to be
achieved. However, the use of composites in stiffened
panels has generally been restricted to designs which do
not buckle under compression and shear loads for
various reasons including some relating to uncertainties
associated with their long term durability. In order to
improve the relative competitiveness of composites in
primary structural applications, this conservative
philosophy needs to be reconsidered and postbuckling
structures used.
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The postbuckling performance of metal panels has been
investigated extensively and is relatively well
understood. Due to the poor through-thickness properties
of laminated composites, likely failure modes include
delamination and stiffener-skin separation. In addition,
certification requirements for aerospace structures
include allowable defects and no growth of defects
during the normal operation of the aircraft. Much of the
work conducted in the area of postbuckling composite
panels has not adequately addressed these aspects.

Experimental and analytical investigations into the
postbuckling behaviour of composite shear panels have
been undertaken by a small number of researchers. Some
significant work has been performed by Weller and
Singer') who investigated the buckling and postbuckling
response of unstiffened shear webs and “I” and “J”
stiffened panels. The performance of flat, postbuckling,
“I” and hat-stiffened composite shear webs was
investigated by Agarwal.”> Panhwar et al.®) investigated
the performance of flat, unstiffened panels under shear.
More recently, Wiggenraad et al., Gadke et al.”® and
Greenhalgh et al.® have investigated the effect of impact
damage and delaminations on the performance of
stiffened composite panels. It was found that the
presence of damage did influence both the global
behaviour of stiffened panels as well as the failure mode
and load. However, this work did not investigate
situations where both the sub-laminate formed by the
delamination and the underlying laminate were
buckling.

Predicting the effect of damage in a postbuckling
stiffened composite structure presents a number of
difficulties. Firstly, the behaviour of the structure is very
complex and difficult to predict with certainty. The
necessary prediction of the stresses or strains to
determine the effect of the damage is therefore made
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very difficult. Secondly, the orthotropic nature of the
material used in the manufacture of the panels makes it
difficult to generalise results from one application to
another. Thirdly, the type of damage, whether it be
matrix cracking, delamination or others, will dictate the
approach used in predicting its effect. This study has
focussed on the effect of an imbedded delamination on
the performance of a postbuckling, stiffened, composite
panel loaded in shear. Tests were conducted and
analytical techniques developed to predict the location
and load level under which the delamination will grow.

TEST METHODOLOGY

Test Specimens

Tests were performed on three-blade-stiffened panels, as
shown in Figure 1. The overall dimensions of the panels
were 340 x 340 mm with working dimensions of 250 x
250 mm. The integral blade-stiffeners were 25 mm high
with run-out angles of 45°. The skins and stiffeners were
co-cured in an autoclave using flexible tooling. The
material used to manufacture the panels was T300/914C
carbon fibre/epoxy, unidirectional, pre-impregnated,
zero-bleed tape, the properties of which are provide in
Table 1. The skins of the panels were | mm thick
consisting of eight plies of tape and the stiffeners were 2
mm thick consisting of 16 plies. The clamping regions of
the panels were built-up to a thickness of 1.5 mm
consisting of 12 plies. The stacking sequences of the
panels are detailed in Figure 1. A design criterion was
for the stacking sequence of the stiffeners to be
symmetrical. As shown in Figure 2, the top four plies of
the skin formed part of the stiffener to improve the
interface strength, resulting in the lay-up of alternate
bays of the skin not being symmetric. The panels were
trimmed and drilled to the geometry shown in Figure 1
and inspected using through-transmission, ultrasonic C-
Scan to detect manufacturing flaws.

Previous studies by the authors have been concerned with

_the performance of undamaged panels.”” To assess the
effect of damage, the panels for this study were
manufactured with a 50 mm diameter piece of teflon film
imbedded in the lay-up in the centre of the panel. The
location of the film in the stacking sequence is shown in
Figure 2. This situation is representative of a
delamination introduced during manufacture or resulting
from in-service damage. The presence and location of
the inserts was verified by C-Scan of the panels.

Test Procedure

Panels were tested in a “picture frame” shear fixture with
anti-slip strips placed between the panél and the rig edge
members to achieve effective load transfer through
frictional contact. The panels were fitted with three-

element strain gauge rosettes, located front and back at
various locations on the panel (Figure 1). A linear
variable differential transformer (LVDT) was employed
to measure the out-of-plane displacement of a buckle
peak during the tests. The shadow moiré interferometry
technique was also used to qualitatively correlate the
buckle shapes and out-of-plane displacements with those
obtained through analytical techniques.!”
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TABLE I - Properties of T300/914C uni-directional pre-
impregnated carbon epoxy tape

Property Value
Longitudinal Modulus, E, 130.0 GPa
Transverse Modulus, E, 4.65 GPa
In-Plane Shear Modulus, G, 4.65 GPa
Poisson's Ratio, v, 03
Ply Thickness 0.127 mm
Longitudinal Tension Ultimate 9230 pe
Strain, Xy
Longitudinal Compression Ultimate 7692 pe
Strain, X¢
Transverse Tension Ultimate Strain, 10750 pe
Yr
Transverse Compression Ultimate 25810 pe
Strain, Y¢ .
In-plane Shear Ultimate Strain, S 13980 py

A uniaxial tensile load was applied diagonally through
the top and bottom pins using a servo-hydraulic
universal testing machine in displacement control mode.
The load was applied in the direction of the -45° fibres of
the panels; this represents the applied load and has been
converted to shear flow throughout this paper. A data
acquisition system was used to record the load, stroke,
strains and out-of-plane displacement continuously
during testing. When using moiré interferometry, the
tests were paused at various load levels to photograph the
buckled patterns.

TEST RESULTS

Global Behaviour

- The test results showed that the presence of the
delamination had a great influence over the behaviour of
the panels. Panels without inserts buckled at an applied
mean load of 31 kN (equivalent to a shear flow of 88
N/mm) and the delamination reduced this to a load of 28
kN (79 N/mm). One of the buckle peaks extended into
the delaminated region shortly after buckling. Typical
strain gauge output from back-to-back rosettes A and C
is presented in Figure 3, where buckling is shown by
bifurcation of the back-to-back strains.

Failure was first indicated by a significant crack at a load
of 38 kN (107 N/mm) while sudden and unsteady
delamination growth was observed at a load of 48 kN
(136 N/mm). The resulting delaminated region can be

seen in Figure 4. Following these events, the growth
stabilised and load continued to be carried up to
approximately 60 kN (170 N/mm) when significant fibre
breakage occurred.
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FIGURE 3 - Typical back-to-back strain output at strain
gauge rosettes A and C

FIGURE 4 - Buckled region shown by moiré fringes at
50 kN following delamination growth

Through-transmission and pulse-echo ultrasonic C-scans
performed following testing showed that the
delamination had grown .from the central circular area
across the tension diagonal of the panel. It had been
arrested only by the clamping of the test fixture. The
resultant delaminated region at 55 kN (156 N/mm) is
shown in Figure 5. The delamination showed several key
differences between the symmetric and unsymmetric
bays of the panel. Firstly, the delamination was
significantly narrower in the unsymmetric bay. Secondly,
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the delamination occurred primarily along the 0/90
interface on the stiffener side of the laminate in the
symmetric bay while along the 0/90 interface on the skin
side of the laminate in the unsymmetric bay.

Original
al Boundary of
delamination delamination

growth

Unsymmetric

Symmetric
Bay

Stiffeners

FIGURE 5 - Delaminated region following
testing to 55 kN (also showing sign convention)

(b)

Fractography
FIGURE 6 - SEM fractographs showing the typical

A fractographic study, using a scanning electron fracture surface in the (a) symmetric and (b)
microscope (SEM), was performed on the fracture unsymmetric bays near the edge of the artificial
surface surrounding the artificial delamination. This delamination. (Growth direction was left to right)

showed that a intricate and varied fracture occurred,
complicated by the differing ply orientations and the
presence of local ply build-ups, which can introduce FRACTURE MECHANICS THEORY

local stress concentrations. In addition, characteristics of ) )
the fracture showed differences between the symmetric ~ Lhe tests showed that a defect of this type resulted in
and unsymmetric bays, as shown in Figure 6. - sudden delamination growth. While analytical methods
: have been used to determine closed form solutions for
The SEM fractographs of Figure 6 provide some the prediction of t.he effect of delaminations. for some
information on the mode of fracture experienced and the ~ Simple configurations, the complex behaviour of a
direction of the principal stress, but little information on ~ Postbuckling panel necessitated a numerical approach. A
the direction of delamination propagation.!’ In both variety of methods exist py which fracturc? mechamc?s
cases, the relatively clean fracture surface is indicative ~ Parameters can be determined from numerical analysis
of a peeling (Mode I) failure. However, the presence of ~ results. Typical parameters that can be used include
some “cusps” indicates a shearing type component -stram' energy release' rates, J-integrals and st'ress
typical of Modes II and IIL® The spacing of the cusps intensity factors. Strain energy release rate, G, 15 a
indicates that the Mode I component was dominant. ~ common approach used in the study of delamination
Fractography also showed the presence of a resin rich ~ 8rowth in composites and is defined as:
region at the end on the teflon film used to create the

artificial delamination which could have a significant G= au

influence on the fracture initiation behaviour. da

1
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where U is the total strain energy of the structure and a
is the incremental crack length. A number of methods
have been proposed based on the strain energy release
rate which enable separation of the Mode I, II and III
components. One such method is the virtual crack
closure (VCC) technique which is based on the
assumption that the energy required to make the crack
grow a infinitesimal amount, A; is equal to the energy
required to close the crack by the same amount. For a
three-dimensional problem, a typical formulation of the
strain energy release rates for a crack in the x-y plane
growing in the x-direction separated into Modes I, IT and
I11 is given as follows:

i 1 v+dv{ pA
G, = Lﬂ%{m ) [ J-OG (7, 0)w(x — A, y,O)dijdy}
. 1 v+dv pA
G, = EE% —2—@ ) Uoc (% y,O)u(x —A, y,O)dedy )

A 1 y+3v A
GIII = }&l_l;no{m v [J.OO' vz (xayao)v(x - A,yso)dx}dy}

where u, v and w are the crack sliding, shearing and
opening displacements respectively, and &, is the width
of the crack front over which crack closure occurs and
G, 0, and o, are the normal and shear stresses on the
crack plane ahead of the crack front.

This approach has been used for 3-D analyses where 8-
or 20-noded brick elements were used.'” For the
analysis of composite materials, it is common to use at
least one layer of brick elements for each ply of the
laminate. Coupled with the limit of the aspect ratio of
elements of approximately eight, this modelling
approach is not feasible for the postbuckling analysis
proposed due to the large number of elements required.
Thus, a method in which the VCC technique can be
applied to a plate element model is necessary. Such a
method was developed by Wang and Raju’’! to
investigate the effect of debonds between the stiffener
and skin of both composite and metallic structures.
While the method was derived for both four and nine-
noded shell elements, only the four-noded version will
be detailed in this study. It was demonstrated that this
method could accurately determine strain energy release
rates using 2-D shell elements. !V

The geometry of a typical problem is shown in Figure 7.
The technique uses two layers of shell elements to
represent the delaminated region. The nodes of all
elements are located on the plane of the delamination
while the elements are offset by an amount equal to half
their thickness. The double layer of elements is extended
past the crack front into the non-delaminated region.
This approach is useful when examirding the effect of
delamination growth as the position of the crack front
can be easily altered. In the non-delaminated region, the

degrees-of-freedom of corresponding nodes of the two
surfaces were joined using multi-point constraints. Wang
and Raju''" found that joining only the translational
degrees of freedom produced results most consistent
with an equivalent single plate. In the delaminated
region, gap elements were implemented to prevent the
two layers of shell elements from passing through one
another.

FIGURE 7 - Geometry of the crack front region using
four-noded shell elements

For the 2-D problem shown in Figure 7, Equation 3 can
be rewritten in terms of the forces (F,, F, and F,) and
moments at the crack tip nodes and the displacements
and rotations of the nodes immediately behind of the
crack tip. As only the translational degrees-of-freedom
are joined using MPC’s, the moment terms drop out and

the equations for strain energy release rate become:

1
Gy =_m[ x,(ul _”r)] 3)
1
Gy =~ E[FL (Vl Vi )]
where B, = [bj_l +bj] )
FINITE ELEMENT (FE) MODELLING
Model Details

An FE model of an undamaged stiffened panel has been
developed by the authors and was shown to accurately
tepresent the behaviour in the postbuckling regime.”
This model was modified to include the central
delamination, as shown in Figure 8. To provide suitable
resolution, the mesh was refined towards the
delamination front. The elements at the crack front were
approximately 1.0 mm wide (in the circumferential
direction) by 0.5 mm deep (in the radial direction). The
model consisted of approximately 6000 four-rioded shell
elements. The analysis was conducted using
MSC/NASTRAN V70 on an IBM/RS6000 Model 3AT
workstation.
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FIGURE 8 - Finite element model containing the
delamination

To satisfy the requirements of the VCC technique, the
FE mesh around the delamination had to be carefully
constructed. All elements around the crack front were
required to be perpendicular to the crack front. As the
crack front was circular, it was assumed that the average
width, A, of the elements immediately before and after
the crack front would be approximately equal provided
sufficient elements were used. The meshing was
complicated by the ply build-ups around the stiffener
base and it was necessary to slightly alter the location of
these build-ups, as shown in Figure 9, to ensure that the
elements at the crack front remained perpendicular to
the crack front. These ply build-ups did result in some
meshing problems with a small number of elements
becoming skewed or having high aspect ratios.

True location o ‘ } Outer mesh
ply build-ups f_\\s boundary
t /
'FEM representation——7 / Inner mesh
of ply build-ups ! boundary
Delamination : 8
boundary P Stiffener
7.5mm ol 7.5mm
! 25mm !

FIGURE 9 - Detail of one quadrant in the central region
of the panel showing the location of the actual and
assumed ply build-ups

The double layer of shell elements used to represent the
delamination only extended | mm past the delamination
front. This distance was kept to a minimum since the
stiffness in the overlapping elements which are joined
using MPC’s is not a perfect representation of a single
element. The bending stiffness of the elements is critical
in a postbuckling analysis and a large overlapping region
could unduly influence the postbuckliing deformation.

The analysis was computationally demanding due in part
to the large number of elements resulting from the
necessarily detailed model. Additionally, the presence of
gap elements increased the computational demands. A
postbuckling analysis requires incremental load steps
with iterations at each load step to arrive at the solution
and the presence of gap elements required additional
iterations to determine the position of the gaps (open or
closed).

Implementation of the VCC Technique

The displacements and forces from the FE analysis were
transformed from the global coordinate system to the
local coordinate system at each node on the
delamination front. This local coordinate system was
aligned with both the local direction of the crack front
and the plane of the delamination in its deformed
position, where x-y-z are the global coordinates (Figures
1 and 5) and x,-y,-z, are defined as the local coordinates.
The angles o, a, and «, are defined as the
transformation angles between the global and local
coordinate frames. These angles consist of two parts, the
first of which is due to the position of the nodes on the
delamination front which involves a simple rotation
about the global z-axis, ¢. The other part is due to
deformation of the panel under load, which may involve
significant rotations about all three axes (8,, 0,, 0,) given
the postbuckling nature of the problem. These rotations
were determined by averaging the nodal rotations from
the pair of nodes, i and i’, located at the delamination
front. Thus, the three components can be defined as:

Y (.+0.)
¥ 2
a,= £rx0,) ;e""") “

The transformation matrix [7] is defined as:

{u.}=[T]fu} ()

and {F,}=[T){F} (6)
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where {u,} and {F,} are the transformed nodal
displacements and forces respectively. Results from the
analysis show that o, and ¢, are small, so sina, and sina,
tend to zero. Thus, it can be shown that:

cosa, cosa, sina, cosa 0
[T]=|sina, cosa, cosa,cosa, 0 @)
0 0 cosa, cosa.,

Global Analysis Results

The buckling load predicted by the FE analysis agreed
with the experimental result. The predicted buckling
mode shape was also predicted very well when
compared with the moiré interferometry results. A
typical comparison of the back-to-back shear strains is
presented in Figure 10, which confirms the accuracy of
the FE prediction. Some deviation of the predicted and
experimental strains is noted at loads greater than 40 kN
which can be attributed to the initiation of damage.
During testing, a cracking was first heard at 38 kN,
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. FIGURE 10 - Comparison of experimental and predicted
back-to-back shear strains at strains gauges A and C

Fracture Results

The strain energy release rate results showed there was a
large variation in G around the circumference of the
delamination. In addition, the contribution of the various
modes changed significantly with radial position. The
variation in the three components of G around the
delamination at 50 kN load is presented in Figure 11.
This corresponds to the load at which delamination
growth was observed. The dominant' features are two
peaks in G, located at -120° and 70°. Peaks in G,

occurred at -110° and 65° while G, peaks occurred at -
30° and 140°. The positions of these peaks were
relatively independent of load following buckling.
Figure 11 also demonstrates the complicated distribution
in the components of G around the delamination. This is
due to the global shear buckling of the panel, local
buckling of the sub-laminate and also the complicated
lay-up of the panel which consists of symmetric and
unsymmetric bays and well as local ply build-ups.
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FIGURE 11 - Predicted variation in strain energy release
rate around the delamination at 48 kN

The variation of maximum strain energy release rate
around the delamination with load is shown in Figure
12. The strain energy release rate increases dramatically
when the panel begins to buckle. The process of buckling
allows the delamination to open up thus increasing the
likelihood of delamination growth. -

Prediction of the load at which delamination growth will
initiate requires suitable fracture mechanics parameters
for the material; figures from the literature for the
critical strain energy release rates in Modes I and II are
quoted in Table 2. Critical Mode III fracture toughness,
which is usually much greater than Mode II, is not
included as the data are questionable. The fracture
toughness values quoted in Table 2 can vary significantly

-depending on the source, data reduction scheme,

laminate and the ply orientations. The fact that the local
orientation of the plies varies with circumferential
position complicates the issue further.

The results from the analysis clearly predict that a
mixed-mode fracture will occur. However, the critical
value of strain energy release rate in Mode II is
approximately three times that in Mode I. Likewise, the
Mode III critical value of strain energy release rate is
typical quoted to be an order of magnitude greater than
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the Mode I value."'"” Thus, the results indicate that G,
will reach its critical value prior to the other modes and
this mode will drive the delamination process. The
location of the two peaks in G, correspond to the
locations where delamination growth occurred during
testing. This Mode I component is a result of the
buckling and opening up of the sub-laminates in the
artificial delamination. The prediction of a Mode I

dominated fracture is supported by the SEM
fractography results.
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FIGURE 12 - Predicted variation in maximum strain
energy release rate components around the delamination
with load

TABLE 2 - Typical critical strain energy release rates for
T300/914C unidirectional carbon epoxy tape‘'?

Mode I - G, 150 J/m?
Mode II - Gy 430 J/m?
CONCLUSIONS

The postbuckling performance of three-blade-stiffened
carbon fibre/epoxy shear panels containing 50 mm
diameter artificial delaminations located under the
central stiffener has been investigated. Static tests were
conducted in a “picture frame” shear fixture. During
static testing, buckling initiated at 28 kN (79 N/mm)
while the panels suffered delamination growth at 48 kN
(136 N/mm). Ultimate failure in the form of extensive
fibre breakage occurred at approximately 60 kN (170
N/mm). !

An analysis techdique to determine the effect of the
artificial delamination on the panel performance was

proposed. This used the VCC technique to determine the
strain energy release rate around the circumference of
the imbedded delamination. The VCC technique was
applied to the resuits from a geometric nonlinear finite
element analysis using two-dimensional. plate elements.
The predicted location and mode of delamination growth
was shown to agree well with experimental results.
Further work is required to be able to predict the actual
failure load due to the mixed mode failure experienced.
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