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Abstract

Two applications of flight simulation to the inves-
tigation of helicopter accidents are presented. In the
first, an accident with typical tail rotor loss character-
istics is considered. The investigation board worked
on two hypotheses, namely tail rotor shaft failure and
pilot’s loss of pedal control after he suddenly increased
the collective pitch near the ground and delayed ap-
plying pedals as needed. A simulation was conducted
using simple models of yaw dynamics and tail rotor
aerodynamics, and results indicated that pedal con-
trol would still be available even with a three second
pilot delay in applying the pedals, therefore the hy-

pothesis of loss of pedal control was discarded.

the second application, a helicopter accident at sea
in which the aircraft wreck had not been recovered is
considered. In that case, the investigation board had
to rely on information from the Cockpit Voice/Flight
Data Recorder (CVFDR) and a video recorded by an
undersea robot. The most significant information ob-
tained from the FDR were extremely high vibrations in
all three axes, at a frequency associated with the first
harmonic of main rotor rotational speed. The investi-
gation was directed towards several hypotheses associ-
ated with main rotor blade and assemblies that might
explain the vibrations. A simulation program based
on an existing general helicopter flight simulation code
was developed and simulations were conducted for the
assumed blade failure hypotheses. Results indicated
that the excessive accelerations were consistent with
the loss of a large rotating mass, due to blade fracture
near the root. In both applications, simulation pro-
vided substantial grounds for the investigation boards
to establish the most probable causes for the accidents.

Introduction

When investigating helicopter accidents — or any
aeronautical accident — it is not unusual to come to
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questions that can only be answered by flight simu-
lation. However, in many cases these simulations are
not straightforward, as simulation programs are not
often developed with the capability to simulate failure
hypotheses, which may vary widely.

In this paper, two examples of application of simu-
lation programs to the investigation of helicopter ac-
cidents are presented. In the first case, an accident
with typical tail rotor loss characteristics occurred, but
the tail rotor blades left marks on the ground which
suggested that the tail rotor was still spinning. This
evidence raised an alternate possibility that the acci-
dent might have occurred due to the pilot’s delay in
applying pedals during the flare maneuver. In order to
investigate both hypotheses, a very simple model was
developed to simulate yaw dynamics and tail rotor ro-
tational speed decrease after tail rotor shaft failure.

In the second application, a helicopter had crashed
on the sea surface after suffering excessive vibrations.
Only the flight data and cockpit voice recorders were
retrieved, and the investigators had to rely on sim-
ulation to establish possible causes for.the accident.
For this investigation, a more detailed simulation code,
based on an existing program, was developed in order
to simulate several hypotheses associated with failures
in the main rotor blades and assemblies.

Tail Rotor Loss
After a helicopter accident! with typical tail rotor

loss characteristics, it was suggested that the accident
might have occurred due to pilot’s loss of pedal control

" after he suddenly increased the collective pitch near

the ground and delayed applying pedals as needed.
This possibility was apparently supported by marks
left on the ground indicating that the tail rotor was
still spinning when it hit the ground. The investigation
board established two working hypotheses, namely loss
of pedal control due to excessive pilot delay and loss
of tail rotor due to shaft failure.

tSpecific accident details, such as date and aircraft, are not
given in order to preserve investigation confidentiality.
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In order to investigate the first hypothesis, a nu-
merical simulation of aircraft yaw dynamics without
loss of tail rotor rotational speed was performed. In
order to investigate the second hypothesis, a numeri-
cal simulation of aircraft yaw dynamics coupled with
tail rotor blade rotation dynamics was performed. In
both cases, the helicopter was assumed trimmed in
hover with main rotor torque at 45%. The sudden
increase in collective pitch was modeled by a corre-
sponding sudden increase in main rotor torque from
45% to 95%, applied during a one second ramp, after
which the torque remained constant at 95%. For the
second hypothesis, it was assumed that shaft failure
occurred at the same time the increase in collective
pitch started.

For the simulation of both hypotheses, simple mod-
els of the aircraft yaw dynamics and tail rotor aerody-
namics were used. In the tail rotor loss case, a model
for blade rotation dynamics was also used. These mod-
els will be discussed next.

Simulation Model

The yaw equation of motion was obtained by consid-
ering main rotor torque, aircraft yaw inertia, tail rotor
thrust and vertical empennage drag. Fig. 1 illustrates
the conventions used here.
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Figure 1: Contributing Forces and Moments for Yaw
Dynamics

_The governing equation for yaw dynamics used here
is:-

er - Iz'l/) - Ttrgtr - Devgev =0 (1)

where Qunr = Qm(t) is the main rotor torque, I, is
the helicopter yaw moment of inertia with respect to
the main rotor axis, ¥ is the yaw angle, Tt, = T}, (4

is the tail rotor thrust, £, is the distance between the
main and tail rotor axes, D¢y = Dey (1,/1) is the vertical
empennage drag and {, is the distance between the
vertical empennage center of pressure and the main
rotor axis. Note that, in the above equation, fuselage
drag has been neglected, as the main contribution in

terms of yaw moment is due to the vertical empennage
drag.

As mentioned above, the helicopter was assumed ini-
tially trimmed in hover with main rotor torque at 45%.
The sudden increase in collective pitch was modeled by
a corresponding sudden increase in main rotor torque
from 45% to 95%, applied during a one second ramp,
after which the torque remained constant at 95%.

If the pilot increases collective pitch without adjust- _
ing the pedals accordingly, the helicopter enters yaw
motion due to low tail rotor thrust. In this condition,
the tail rotor operates in a way similar to a main ro-
tor in descent. The treatment presented here uses this
analogy. An equivalent “vertical” rotor velocity (posi-
tive when rotor is climbing) due to the yaw movement
isV = —£,4.

The tail rotor operating regime in this equivalent de-
scent depends on this equivalent “vertical” velocity. It
may be normal operating state, vortex ring/turbulent
wake state or windmill brake state_[”. The state in
which the tail rotor operates may be established from
the ratio V/vy, where vy is the induced velocity in
“hover”, which corresponds here to the induced veloc-
ity for zero yaw speed, given by:

[C
Up = Q(:x'}ztr ;" (2)

where €y, is the tail rotor angular velocity, Ry, is the
tail rotor radius and Cr,, is the tail rotor thrust coef-
ficient. The tail rotor operating state is established as
follows:

(a) if V/up > —1, normal operating state;

(b) if =2 < V/v, < -1, vortex ring/ turbulent wake
state;

(¢) if V/vp < ~2, windmill brake state.

For all tail rotor operating states, a blade element
approach is used. The blade is divided into sections
(elements), for which aerodynamic forces are calcu-
lated and summed up to yield tail rotor thrust and
thrust coefficient. In order to compute lift and drag
coefficients, the induced velocity v; at a given section
is needed. The computation of this velocity has to
be performed in a specific manner for each operating
state. For normal operating state, combined momen-
tum and blade element theories give:

Ae Oa Ae  ©a 2 cab,r
A‘(?‘ﬁ)’L\/(?_E)“L 5

where A = (V +v;) /Q Ry is the total inflow ra-
tio, Ac = V/Qu Ry is the climb inflow ratio, o =
Ny, i /TRy, is the solidity ratio, a is the mean blade
section lift curve slope, N, is the number of blades,
cer is the chord, 6y, is the pitch angle and r is the sec-
tion radial location. From Eqn. (3) and the definition
of A\, v; may be obtained:
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Vi = )\iQtrRtr = ()\ - )\c) QtrRtr (4)

where )\; is the induced inflow ratio. For vortex
ring/turbulent wake state, no theory yields a simple
expression for the mean induced velocity. Therefore,
the following empirical formulal2! is used:

1% V2
v; = vp (v—> [0.373 (v—> ~1.991
h h

For windmill break state, momentum theory gives
the mean induced velocity as:

Uiz—%* <%)2“”;‘1 (6)

Once the induced velocity is computed using either
Eqns. (4), (8) or (6), depending on the tail rotor op-
erating state, one may obtain the induced angle at a
given element ¢ = tan™! (Up/U7), where Up = V +v;
is the velocity normal to the blade and Uy = Q.7 is
the velocity tangential to the blade. The blade effec-
tive angle of attack is then given by o = ;. — ¢.

Section lift (c;) and drag (cg) coefficients are ob-
tained from experimental datal3]. From these coeffi-
cients, blade element lift, drag and the resulting con-
tribution to normal force may be computed:

(5)

2
dF, = (cgcos ¢ — cgsin @) By—iﬁdr (7)

where U = \/UZ + U3 is the total blade section ve-
locity and p is the air density. Integration of these
contributions along the blade gives the total blade nor-
mal force and consequently tail rotor thrust and thrust
coeflicient:

Rtr
Tir = NpF, = Nb/ dF, (8)
Ttr
Cr,=————"—"= )
pTRZ (Quc Rer)’

where r;, is the blade root cut-out.

In the computation of tail rotor thrust, the blade
pitch is required. The pitch is set by the pilot pedal
control. Here, it is assumed that the helicopter is ini-
tially at trim in hover, with the pedal adjusted to com-
pensate for main rotor torque at 45%, as described pre-
viously. In this investigation, the pilot is assumed to
have delayed applying the pedals for a time tg. After
this delay, the pitch would be increased from the initial
value 6y, to the maximum pitch 6y, , during a one
second ramp, after which the pitch remained constant.

The initial and maximum pitch are determined from
the tail rotor thrust which is needed to compensate the
initial torque Quyr, = Q,,. . and the maximum torque

45% b
Qe » TeSPectively. The thrust needed to compen-
sate a given torque Qu; is Ty = Qme/l: and the

thrust coefficient corresponding to this thrust is com-
puted from the definition of Cp, Eqn. (9). The tail
rotor pitch is found from the following expression, de-
rived from combined blade element and momentum

theories/2l:
6Cr, 3 /Cr,
6 — tr — tr .
& oa + 2V 2 (10)

For the purposes of this investigation, the vertical
empennage is represented by a plate in stagnation flow.
The vertical drag is therefore given by:

1
Dev = §p‘/¢32\/AeVCDW (11)

where V,, is the velocity normal to the empennage,
Aeyv is the vertical empennage area and cp,, is the
plate drag coefficient, estimated to be 1.2[4].

For tail rotor loss simulations, the blade rotational
equation of motion is also needed. Neglecting trans-
mission and shaft friction, the contributing moments
are blade inertia and tail rotor torque due to aerody-
namic forces. Thus the equation for tail rotor angular
velocity Qg is:

I Qu + Qe =0 (12)

where I, is the blade moment of inertia with respect
to the tail rotor axis and Q, is the tail rotor torque,
obtained from integration of blade element contribu-
tions:

Rer 2
Qe = Nb/ (cacos @ + cosing) '{—)[-Jz—ctird'r (13)
0

For simulations without loss of tail rotor rotational
speed, Eqn. (1) is integrated in time using a standard
fourth-order Runge-Kutta schemel3l. For simulations
with loss of rotational speed, both Eqns. (1) and (12)
are integrated simultaneously using the same scheme.

Simulation Results

The simulated yaw motion for the hypothesis of con-
stant tail rotor rotational speed, i.e., no shaft failure,
is presented in Figure 2. In this figure, three simu-
lations are shown. The first two correspond to pilot

. delays of 2 and 3 seconds, respectively, in applying the -

pedals after collective pitch increase. In these simula-
tions, pedals were applied in a one-second ramp. The
third simulation corresponds to no pilot pedal adjust-
ment after collective pitch increase. It is clear from
these simulations that even after a three-second delay
the pilot is able to adjust the aircraft heading before
making a complete turn. Actual pilot delays depend
on the disturbancel6! and typically do not exceed 0.25
sec.l?: 8. Actual time required to apply full controls
would take well less than one secondfé: 9. The pilot
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delays assumed here are much higher than what might
be expected and therefore the hypothesis of loss of di-
rectional control due to pilot delay is discarded.
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Figure 2: Yaw Motion without Loss of Tail Rotor

The simulated yaw motion for the hypothesis of loss
of tail rotor rotational speed due to shaft failure is
presented in Figure 3. In this figure, three simulations
are shown. The first corresponds to a pilot delay of 2
seconds in applying the pedals after collective pitch in-
crease. The second simulation corresponds to no pilot
pedal adjustment after collective pitch increase. The
third simulation corresponds to no collective pitch in-
crease or pedal change. Tail rotor rotational speeds
for these simulations are presented in Figure 4.

600 —— L (e S——
s00 | / / -
400 [ / / 3

T 300 b ; . f

N AN
200 [ ; : ]

r . H H 1
100 r / ; ——e@— 2xcc. delay
n ——e— no pedul change
I / —a—— no pedal or collective change
0 Lo A P Y U S NS VIO |

)

4 6 8 10
time (sec)

(=]
[ 5]

Figure 3: Yaw Motion after Tail Rotor Shaft Failure

From these simulations, it is seen that shaft fail-
ure quickly causes loss of directional control, as ex-
pected. However, if the pedals are not applied the
rotational speed eventually reaches a constant value,
as the tail rotor enters an autorotative regime in vor-
tex ring/turbulent wake state. If pedals are fully ap-
plied, the tail rotor enters windmill brake state and
the rotational speed decreases. This implies that the
rotational speed on impact depends on when and to
what extent the pedals are applied. Therefore, even
with loss of tail rotor shaft, it would be possible for
the tail rotor to hit the ground at a range of rotational
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Figure 4: Tail Rotor Rotational Speed after Tail Rotor
Shaft Failure

speeds which could account for the marks left on the
ground. This result provided the investigators with
evidence to support the hypothesis of tail rotor shaft
failure.

Main Rotor Blade Failure

In this accident, a helicopter! was on its way to an
offshore oil rig. A sudden bang was heard, the air-
craft started suffering from excessive vibrations and
the crew lost control of the aircraft, which crashed on
the sea surface.

An initial attempt to retrieve the wreck was unsuc-
cessful, but the combined Flight Data Recorder (FDR)
/ Cockpit Voice Recorder (CVR) was recovered. A
video showing the wreck was recorded by an undersea
robot.

Although some channels were épparently defective,
among those the lateral cyclic position, the FDR
proved to be an essential contribution to this particu-
lar investigation. Most significant were the extremely
high vibrations in all three axes, most notably a +1 g
longitudinal vibration and a +0.4 g lateral vibration.

Spectral analysis of the FDR acceleration data is
shown in Figure 5. From this figure, normal vibrations
appear to be associated with a 3.6 Hz frequency, very
close to the main rotor rotational speed (3.43 Hz in
this case). Longitudinal and lateral vibrations appear
to be associated with a 0.4 Hz frequency. However,

. while the normal accelerations were sampled at 8 Hz, .

which allows identification of frequencies up to 4 Hz,
longitudinal and lateral accelerations were sampled at
4 Hz, which allows spectral analysis up to 2 Hz only.
For this reason, the signal was aliased and the peak at
0.4 Hz actually represents phenomena associated with
the difference 4 Hz - 0.4 Hz = 3.6 Hz, which is the
same frequency identified by spectral analysis of the
normal accelerations.

Specific accident details, such as date and aircraft, are not
given in order to preserve investigation confidentiality.
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Figure 5: Power Spectral Density of FDR-recorded Ac-
celerations

From these considerations, it was found that the
vibrations were associated with the first harmonic of
main rotor rotational speed.

As mentioned before, the aircraft wreck had not
been recovered for rotor head and blade material anal-
ysis. However, the undersea video allowed the investi-
gators to identify some possible failure hypotheses, all
related with main rotor blades and assemblies. These
hypotheses were:

1. Total loss of one blade;

2. Blade spar fractured near the root;
3. Blade spar fractured near the tip;
4. Loss of balancing block near the tip

5. Loss of portions of some blade sections aft of the
spar (trailing edge pockets);

6. Loss of one lag damper;
7. Loss of one pitch link;

8. Damaged pitch link, resulting in excessive slack.

Simulation Methodology

Since the aircraft wreck was not available for anal-
ysis, simulation of the failure hypotheses was essential
in the determination of the most probable cause. The
helicopter manufacturer conducted their own simula-
tions of hypotheses nos. 3, 6 and 7 using an aeroelastic
code not coupled with flight dynamics. These simula-
tions pointed to hypothesis no. 3 as the most proba-
ble. However, the vibration levels resulting from the
simulations were still substantially lower than the lev-
els recorded by the FDR. The manufacturer suggested
that this might be due to the absence of aircraft mo-
tion in the simulation. :

In order to provide a more consistent basis for de-
termination of the most probable cause, a simulation
program based on an existing general helicopter flight
simulation codell0) was developed. In this method,
the aircraft has six degrees of freedom and the ro-
tor blades have three rigid body degrees of freedom
— flapping, lagging and pitching. A blade element
method is used, in which the aerodynamic coefficients
are computed from simple algebraic equations based-
on experimental airfoil data. A first-order dynamic
inflow modelll1] is incorporated for computation of ro-
tor wake downwash[!2l. Section forces are integrated
along the blade and summed up to yield main rotor
forces and moments. These are added to fuselage, tail
rotor and vertical and horizontal stabilizer forces and
moments, so that total aircraft forces and moments
can be obtained. From these, aircraft accelerations
are found and integration of the equations of motion
is performed. Details of the basic simulation method
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are available in Ref. [10] and therefore are not pre-
sented here.

Simulation of blade failure hypotheses is conducted
by appropriate modification of blade force computa-
tion. For the simulations presented here, the helicopter
is initially trimmed. After a specified time (0.25 sec.),
one of the failure hypotheses under investigation is in-
troduced, as follows:

e Loss of blade or portion of the blade (hypotheses
1 to 4): Contributions of lost sections to blade
inertial and aerodynamic forces are eliminated;

e Loss of trailing edge pockets (hypothesis 5): Con-
tribution of lost parts to blade inertial forces are
eliminated; aerodynamic coefficients of affected
sections are modified to represent reduction in lift
— assumed 30% — and increase in drag — as-
sumed 100%;

o Loss of one lag damper (hypothesis 6): Force due
to lag damper is eliminated;

e Loss of pitch link or slack (hypotheses 7 and 8):
The pitch link is modeled by a torsional spring[2];
when it fails the moment due to this spring is
eliminated. If there is some slack, the spring is ef-
fective only when the difference between the con-
trol pitch and the actual pitch is greater than the
specified slack.

Simulations were conducted for all the above hy-
potheses in three modes: In the first, the helicopter
was not allowed to move. This case was simulated so
that the results could be compared with the simula-
tions conducted by the manufacturer. In the second
mode, the helicopter was allowed to move freely in
space, with the controls held fixed to the trim posi-
tions. In the third mode, the helicopter was free to
move, but the control positions were input during the
simulation according to the positions registered in the
FDR, except for the lateral cyclic, for which the FDR
register was inoperative.

Simulation Results

A substantial amount of results was generated in
this investigation, since eight failure hypotheses and
three simulation modes were considered. Only some
representative results are shown here.

Simulated and registered accelerations for hypothe-
sis no. 2 (blade fractured near the root) for the free
aircraft, pilot-in-the-loop simulation mode, are shown
in Figure 6. Results for hypothesis no. 1 (total blade
loss) are very similar and are not shown for brevity.
From these results, it may be seen that these hypothe-
ses would cause vibrations consistent with the FDR
data. It should be recalled that the flight-recorded
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Figure 6: Simulated and registered accelerations for

hypothesis no. 2 (blade fractured near the root), pilot
in the loop.
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data were sampled at a frequency lower than the ro-
tational frequency, hence the noticeable aliasing.

Simulated and registered accelerations for hypothe-
ses nos. 3 (blade fractured near the tip), 6 (loss of
lag damper) and 7 (loss of one pitch link) for the free
aircraft, pilot-in-the-loop simulation mode, are shown
in Figures 7 through 9, respectively. It may be seen
that these hypotheses would cause significantly lower
vibrations than recorded. The other hypotheses under
investigation — for which the results are not shown
here — cause even lower vibrations.

In order to illustrate in what extent aircraft motion
induced higher levels of acceleration, simulated and
registered accelerations for hypothesis no. 2, fixed air-
craft, pilot-out-of-the-loop simulation mode are pre-
sented in Figure 10. By comparison between this Fig-
ure and Figure 6, it may be seen that introduction of
aircraft motion affects significantly only normal accel-
erations, while longitudinal and lateral accelerations
are not affected much. Therefore, a fixed-aircraft sim-
ulation could still provide a good indication of proba-
ble causes for this accident.

Although the unavailability of lateral cyclic register
in the FDR was a serious handicap in the pilot-in-the-
loop simulations, acceleration levels were quite consis-
tent with those recorded. However, aircraft attitude
could not be correctly simulated. This is illustrated in
Figure 11, where aircraff pitch attitude as simulated
for hypothesis no. 2, pilot-in-the-loop mode, is com-
pared with FDR-registered attitudes. This was due
to the fact that the lateral cyclic was held constant
during these simulations. Nevertheless, the trends in
aircraft response are consistent. Since aircraft motion
was found not to affect substantially longitudinal and
lateral accelerations, these discrepancies are not rele-
vant with respect to characterization of vibration levels
for the different hypotheses considered here.

Overall, these results indicated that the excessive
accelerations were consistent with the loss of a large
rotating mass, as in hypotheses nos. 1 and 2. There-
fore, the simulation provided substantial grounds for
the investigation board to establish these hypotheses
as the most probable causes and to discard the other
hypotheses.

Concluding Remarks

Two applications of flight simulation to the investi-
gation of helicopter accidents were presented. In the
first application, simulations of yaw dynamics with
and without tail rotor loss were carried out in order
to determine if loss of pedal control due to pilot’s de-
lay could be the cause of an accident with loss of di-
rectional control, and if the tail rotor could still be
spinning when it hit the ground in case of tail rotor
shaft failure. The results indicated that pedal control
would still be available even with a three second pilot
delay in applying the pedals, therefore the hypothesis

by the International Council of the Aeronautical Sciences (ICAS)
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Figure 7: Simulated and registered accelerations for
hypothesis no. 3 (blade fractured near the tip), pilot
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Figure 8: Simulated and registered accelerations for ~ Figure 9: Simulated and registered accelerations for
hypothesis no. 6 (loss of one lag damper), pilot in the  hypothesis no. 7 (loss of one pitch link), pilot in the
loop. loop.
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Figure 10: Simulated and registered accelerations for
hypothesis no. 2 (blade fractured near the root), pilot
out of the loop, aircraft fixed in space.
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Figure 11: Simulated and registered aircraft attitudes
for hypothesis no. 2 (blade fractured near the root),
pilot in the loop

of loss of pedal control was discarded. The simulation
also indicated that the rotor blade could have hit the
ground within a range of rotational speeds after tail
rotor shaft failure, which could account for the marks
on the ground, therefore maintaining the hypothesis of
tail rotor loss.

In the second application, a numerical simulation of
helicopter flight after several blade failure hypotheses
has been conducted. Because in that case the aircraft
wreck had not been recovered, simulation was essen-
tial to the investigation board in establishing the most
probable cause of the accident. Simulations were con-
ducted with and without the pilot in the loop, and
for the latter, with and without aircraft movement in
space. Longitudinal and lateral acceleration levels for
these different simulation modes did not differ substan-
tially, therefore simulation without aircraft movement
or pilot control was sufficient for characterization of
the effects of blade failure. Simulated accelerations
indicated that the excessive accelerations were consis-
tent with the loss of a large rotating mass, either due
to total blade loss or blade fracture near the root. Sim-
ulated aircraft attitude changes did not compare well
with FDR-recorded data, probably due to the unavail-
ability of lateral cyclic positions.

In both applications, the simulations conducted here
allowed clear characterization of the hypotheses under
investigation, therefore the goal of providing the inves-
tigators with substantial grounds for establishing the-
most probable causes was attained.
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