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ABSTRACT

The aim of this study was the investigation
of the phenomenon of shock boundary layer
interaction on a supercritical airfoil with
and without shock-induced separation and a
comparison of results obtained by conven-
tional boundary layer probe and a two
component Laser Doppler Anemometer. Meas=-
urements were made in the 1 x 1 m2 Transonic
Wind Tunnel (TWG) of the DFVLR Goéttingen on
a 250 mm chord model of the airfoil CAST
7/DOA1 at a Mach number of M_ = 0.765 and

angles of attack of a«a = 3.6° and 4.8°. The
Reynolds number was Re = 2.5 x 106
Nomenclature
b test section width, model span
c airfoil chord
Cg skin friction coefficient
Cy, lift coefficient
cp pressure coefficient, (p-p_ )/q,
H shape parameter, 6*%/0
distance from wall in LDA
results
H32 shape parameter, §**/0
M Mach number
P static pressure
q dynamic pressure
Re

Reynolds number, U c/v
o o0
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Subscripts

velocity in the boundary layer

friction velocity, (Iw/pw)1/2

velocity based on law of the
wall, u/u,:

freestream velocity

coordinate in streamwise

chord direction

or

coordinate normal to streamwise
direction or normal to model sur-
face in boundary layer measure-
ments

Yy u/u,c

boundary layer thickness
displacement thickness
energy thickness
momentum thickness
kinematic viscosity
density

shear stress

edge of boundary layer
local conditions
wall

freestream conditions



1 upstream of shock

1. INTRODUCTION

There is certainly no need to stress here
the importance of the investigation of
transonic flow fields to the development
and design of aerodynamic flight vehicles
and their components. Such flow fields may
occur on transonic airfoils and wings of
transport and fighter aircraft, on helicop-
ter blades,
recompression

in turbomachinery and in the
of
intakes. One characteristic
these flow fields, at least at off-design
conditions, is the interaction between a
near normal shock wave, terminating the
local supersonic region, and the boundary
layer. The severety of this interaction
determines in many instances the perform-
ance boundaries of a flight vehicle and it
is tﬁerefore not surprising that a consid-
erable interest in details of this flow
phenomenon and means of its control exist

[11.

region supersonic

feature of

Since theoretical methods are not yet able
to treat the overall shock boundary layer
interaction satisfactorily, one must
strongly rely on experimental results for
the qualitative and quantitative assess-
ment of the associated flow development.
This is particularly true with regard to
shock induced separation and the generation
and/or amplification of turbulence within
the interaction region. Providing the need-
ed information requires, of course, a
continuous effort is developing adequate
tools. It is in that sense that a thorough
investigation of the interaction field by
boundary layer probe measurements, essen-
tially providing rather gobal information
[2], was followed by with a
one-component Laser-Doppler~Anemometer
[3]. Here, the initial aim was to determine
the suitability of the instrumentation for
the guantitative analyses of transonic
shock boundary layer interaction in a rela-
tively large wind tunnel. The present study
is a continuation of these efforts with an
LDA-system that differs from the former in

tests
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that (a) a two~component Laser-Doppler=-
Anemometer is employed and (b) this system
operates in a back-scattering mode where
the signal intensities are 1less, which
allows, however, the investigation of com-
plex three~dimensional configurations. The
test cases are the same in both instances
providing a comparison of two modes of
LDA-operation and conventional boundary
layer probe measurements.

2. EXPERIMENTAL SET-UP AND TEST CONDITIONS

2.1 Wind Tunnel

The Transonic Wind Tunnel Géttingen TWG,
[4] is a continuous closed circuit tunnel
with two test sections in series. The tran-
sonic test section, of concern here, oper-
ates in a Mach number range between M
0.50 to 1.20 at total pressures ranging
from 0.25 to 1.6 bar, the latter allowing
the Reynolds number to be varied between
Re/c = 3 x 10° to 20 x 10° m™
tion has a cross section of Im x Im and
consists of four perforated walls with
30-degree slanted holes and an open area
ratio of 6 percent. It is enclosed in a ple=-
num of about 8 meters diameter which
housed, as will be discussed later, the
present LDA-system. Upstream of the tran~
test the flexible
supersonic nozzle and the settling chamber,
the latter containing the probe for seeding
the flow, Fig. 1.

. The test sec~

sonic section is

2.2 Airfoil and Model Arrangement

The present investigation was carried out
utilizing the transonic airfoil CAST
7/DOA1, designed by the Dornier Company,
which has previously been used extensively
for similar studies [2][{3}. The airfoil is
shock-free at the design point M 0.760,
CL = 0.573. It is, furthermore, character-
ized by a moderate rear loading and a
relatively small trailing edge angle, Fig.
2. Details concerning the airfoil and the
design process can be found in Ref. 5 and 6.

The arrangement of the model in the tran-~
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a. Settling chamber with cooler, screens and
honeycombs. b. Seeding probe. c. Supersonic
nozzle. d. Transonic test section. e. Plenum
chamber.
Fig. 1:
(TWG) .
sonic test section of TWG is shown in Fig. 3
- here with the boundary layer probe and
probe support installed. The model, with a
chord of ¢ = 250 mm, spanned the entire
width of the tunnel providing a span to
chord ratio of b/c = 5 which rendered the
test set-up essentially free of side wall
interference effects. The model was sup-
ported by rotatable discs, embedded in the
side walls, consisting of two parts, the
upper one made of Schlieren glass, the low-
er one of steel to carry the model loads.
The Schlieren windows allow the observation
of the entire upper surface as well as the
nose and trailing edge region of the lower
side. The model was equipped with 117 orif=-
ices for surface pressure measurements.

Transonic Wind Tunnel Gdttingen

2.3 Test Conditions

For the present study two off-design cases
were selected, one with a shock-upstream
Mach number of M1 = 1.30 where shock induced
separation is incipient, and a second with

AIRFOIL CAST 7/D0 Al

<

CHARACTERISTIC DATA:

Max, thickness 118% at 35%c
Trailing edge thickness 05%c

Design: M, =0760 @« =0 deg.
¢, =0573
DESCRIPTION Transonic airfoil with moderate rear
loading
Fig. 2: The airfoil investigated.
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DRIVE UNIT ENCASEMENT

@ AIRFOIL MODEL
PROBE SUPPORT (%) STING SUPPORT (5) STING
ROTATABLE WALL INSERT TO VARY «

SCHLIEREN WINDOW STEEL INSERT TO CARRY
MODEL L0ADS (§) PERFORATED (6% OPEN)

TEST SECTION WALLS

O@OE

Fig. 3: Model installation - here with
boundary layer probe and support system -
in the Transonic Wind Tunnel G&ttingen

(TWG) .

a shock-upstream Mach number of [\‘!1 = 1.36
where substantial separation occurs.
upper Mach

distributions are shown in Fig. 4, Schlier-

Rep=-

resentative surface number
en pictures, also indicating the flow field
investigated, are presented in Fig. 5. Con-
cerning the Mach number distributions, the
following remarks are deemed necessary.

The probe and its support (see Fig. 3) were

removed from the test section for the
LDA-measurements. Especially the probe
support caused at the lower angle of

attack, ¢« = 3.5°%, some global interference
resulting mainly in a difference in the
shock location between the probe and the
LDA set-up, Fig. 4a. Subsequent comparisons
between the probe and the LDA data will
therefore be made relative to the shock
location. At the higher angle of attack, a« =
5°, only a slight difference in the rear
Fig. 4b. The
slight difference in the angles of inci-
dence are due to matching the 1lift
coefficient for the two sets of measure-
ments.

pressure recovery exists,
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Fig. 4a: Upper surface Mach number distrib-
utions at moderate incidence.

a = 3.5 deq., M1 = 1.29.
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Fig. 4b: Upper surface Mach number distrib-
utions at high incidence.
a =5 deg., M1 %1.35.

3. LASER DOPPLER ANEMOMETER AND BOUNDA-
RY LAYER PROBE

3.1 Laser Doppler Anemometer

The LDA system was designed for application
in large wind tunnels and has to fulfill the
requirements given by the rough environment
of large facilities. For the present inves-
tigation a commercial two component LDA
system (TSI 9100) was available, but had to

be adapted to the special tunnel (TWG)

requirements such as:

. Large measuring distance of 750 mm

. Accurate positioning with a spatial
resolution of 0.012. mm

. Installation in the plenum chamber of

the wind tunnel TWG

Fig. 5: Flow field of the test cases inves-
tigated. o =3.6° and 4.8°.
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. Quick installation

. Realignement of optics and laser by
remote control during tunnel opera-

tion due to pressure changes in the

plenum chamber

. Fully automatic operation during a wind
tunnel run including

- Quick positioning of the measuring

volume
= Quick data acquisition and
reduction
= Quick - look results
. Insensitivity to mechanical vibrations

and a high noise level

To meet these requirements,
to be operated in the backscattering mode

an LDA system
was chosen. After some initial measure-
ments in a fully turbulent pipe flow and in
the 3x3 m? low speed wind tunnel (NWG) of
the DFVLR at Gottingen [9],
survey of the flow field surrounding a
supercritical arofoil was the first appli-

the present

cation in the transonic range.



Fig. 6 shows schematically the optical sys~-
tem of the 750 mm dual beam LDA. The green
and blue lines of an argon ion laser are
directed via mirrors onto beam splitters to
form two pairs of parallel laser beams of
equal intensity. Passing the transmitting
optics they intersect each other in a dis-
tance of 750 mm.

Small oil particles of about 1 y diameter,
crossing the point of intersection (meas-
suring volume) with the surrounding flow
velocity, scatter partially the light. The
same lenses used for transmitting the laser
beams are collecting the scattered light
which is Doppler shifted due to the motion
of the particles. The scattered light is
passed to photomultipliers where the Dop-
pler frequencies, proportional to the
velocity of the particles, are obtained as
electrical signals. Counters convert the
analog signals into digital data which are
processed by a minicomputer DEC-PDP 11/24.
All optical parts
acquired. However, the receiving modules
had to be modified to optimize the align-
ment. This accomplished by small
servo~-motors operated by remote control.
To avoid additional mirrors, the optical
axis was chosen to be nearly perpendicular
to the mean flow direction in the test sec~
tion. Due to the geometric constraints in
the plenum chamber of the tunnel, Fig. 1,
the overall set-up was limited to a total
length of 1.40 m which was also the minimum
length given by the 4 W argon ion laser
(Spectra Physics Mod. 165). As shown in
Fig. 7, the two optical systems with their
common focal point forming the measuring
volume within the flow field were installed
together on a rigid X-beam construction,
[10]. For each color one leg served as the
emitting and the other as the receiving
device. The advantages of this set-up com-
pared to an system are the
reduction unwanted scattered light and the
decrease of the effective length of the
measuring volume.

were commercially

was

on-axis

Especially measurements
in the vicinity of a wall suffer from scat=-
tered light and hence an increase of artif-
ical "turbulence". Of course, the main dis~-
advantage of the backscatter operation,
the lower light

remains.

i.e., intensity,still
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LENS

{2
COLOR

SEPARATOR MULTIPLIER

L/
BEAMSPLITTER

)
MIRROR COMPUTER _ 1 »oMpUTER
PPLER
Fig. 6: Schematical view of the 750 mm two
component dual beam laser Doppler anemome-
ter.
TEST SECTION
_| -MODEL
Ua>
MEASURING VOLUME WINDOW
OPTICS
TRAVERSING 1 Y LASER
MECHANISME
T |
X |z (
i
PLENUM CHAMBER
1m [ 1 (
— 1
Fig. 7: LDA set-up installation in the ple-

num chamber of the Transonic Wind Tunnel

csttingen (TWG).

The whole optical system was mounted on a
coordinate table to permit traversing along
the three coordinate axes (1m x 1m x 0.5m)
in steps of 1/80mm. A micro processor for
each coordinate and an additional processor
as supervisor and interface device to the
main computer (PDP 11/24) allowed the accu-
rate positioning of the measuring volume
along diagonals in space.
ersing speed of about 100mm/s was possible.
The specific measuring stations, where data
were to be collected during a run, were pre-
selected and stored in the computer before
measurements took place. Controlled by the
main computer, positioning, data collect-

A maximum trav-



ing and the
quick-look~-results
matically [9].

It is well known that the calculated mean

velocity value representing a certain num-
ber of

computations of
were performed auto-

individual measurements may be
influenced by the averaging procedure
[11,12]. Simple arithmetic averaging, and

in addition, wvelocity weighted averaging
were used to obtain the mean velocity val-
ues from about 1000 samples per component.
The data rate was chosen to be about 200
samples/s leading to a measuring time of
about 5 s per acquired field point. This
seemed to be an appropriate integration
time since the mean flow velocity was fluc-

tuating with a very low frequency (=1Hz).

From the total number of measured values
only those within the limits of the stand-
ard deviation were taken. This reduced the
original 1000 samples to about 800.

3.2 Boundary Layer Probe

The installation of the boundary layer
probe and its support system in the TWG is
shown in Fig. 3. The probe and its drive
mechanism for the accurate positioning in
the normal (y) and axial (x) direction was
mounted on a sting which, in turn, was
attached to the tunnel support generally
employed to hold and vary the angle of
attack of complete aircraft models. This
arrangement allowed the probe to always be
adjusted tangential to the model surface
and traversed in the direction normal to
it. The probe itself, Fig. 8, consisted of a
flattened pitot probe of 0.15 mm height, a
cone~cylinder static probe and a direc-
tional probe, the latter constructed of two
tubes cut off under 45°. The flow direction
was mainly required for the correction of
the static pressure reading since the pres-
sures indicated by the probe are dependent
on the flow direction which may change con-
siderably as the probe moves normal to the
airfoil surface into the field. The probe
was calibrated in the "known" flow of the
TWG as function of the angle of attack and
the incoming (freestream) Mach number [7].

The pressures were measured with differen-
tial pressure transducers with an accuracy
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DIRECTIONAL PROBE

# 04x 01
e

ORIFICE
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2 08x0
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007T~—I.OE .

STATIC PROBE

2 10x01  PITOT PROBE

[=—pt S
SIDE VIEW
Note: All dimensions are in millimeters N MODEL SURFACE
Fig. 8: Boundary layer probe.

of #0.4Y% full-scale. The x-y-positions of
the probe were obtained wvia the impulses
given to the stepping motors, used to drive

the probe, with an accuracy of Ax/c = +0.004
and Ay/c = 0.4 x 10-5, respectively. The
overall accuracy in determining the flow
velocities, important in conjunction with
the comparison of the probe and
LDA-results, was determined to be about
+2%.

The boundary layer properties were computed
from the measured static and pitot pres-
sures assuming constant total temperature
throughout the boundary layer. In determin=-
ing the boundary layer integral parameters,
the measured velocity profiles were supple-
mented by the whose
computation was based on the wall shear
stress, Tt obtained by fitting a wall/wake
profile to the measured data points assum-
ing equal mass flux [7] (also see [8]). A
comparison of the measured and the corres-
ponding wall/wake profile at a position
well upstream of the shock is shown in Fig.
9. It is indicated that the boundary layer
profile at about 0.28 chord
lengths downstream of the roughness band
used to force transition is well repres-
ented by the law of the wall/law of the
wake. The influence of adding the laminar
sublayer on the determination of the bound~-
ary layer integral parameters, especially
pronounced in the case of the skin friction
coefficient, is depicted in Table 1.

laminar sublayer

measured

Tablel  Effect of adding laminar sublayer in determining
boundary layer integral parameters

16 | H | ¢ 5| Hy
Exp data | 0.320 | 0.138| 2.314|000234| 0.244 | 1770
With sublayer | 0.313 |0.142| 2.202|000281{0250 | 1759
Change [%1|-223 | 228|-509|13.52 | 2.40 | -063
mm imm mm




The probe measurements must, of course, in
the vicinity of separation and within sepa~
rated regions be considered with caution.

Since here the flow c¢an no longer be
30
O MEASURED
u* WALL / WAKE
——{ AMINAR SUBLAYER
o POINT ADDED TO DETERMINE
INTEGRAL PARAMETERS
20
U* = u/ug
10 M, = 0765 o =35°
// TRANSITION AT 7%c
/ Me =1233
/ =
// 5§ =137mm
P
- Tt =Y ufug
0
] 2 [og T+ 3
Fig. 9: Incoming boundary layer - Compar=~

ison with wall/wake law profile.

regarded as steady and reversed flow

occurs, the probe reading is, particularly
close to the wall, erroneous so that the
boundary layer integral parameters (e.g.,
Cge and 60* depicted below)
mations showing a trend rather than
absolute values. In that regard it should
also be noted that the skin friction coef-
ficients (shown in Fig. 10 and 11) were
determined by a wall/wake fit to the meas-
ured data points assuming an initial value
of the wall shear stress [7] [8]. In that
way the onset of separation and the extent
of the separated regions was reasonably
well predicted.

are approxi=-

4. DICUSSION OF RESULTS
4.1 Boundary Layer Probe Data

Emphasis in the present investigation is
placed on the LDA measurements in a rela-
tively large transonic wind tunnel at con-
ditions of shock induced separation and on
a comparison of LDA and probe results in the
shock boundary layer interaction region.
The discussion of some of the results of the
probe measurements at this time shall mere-
ly help to identify the type of flow and
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boundary layer development encountered.

At the low angle of attack, the
shock-upstream Mach number, representative
of the shock strength, is M1 = 1.285. The
thickness of the incoming boundary layer is
approximately 6 = 1.5 mm, Fig. 10. As indi-
cated in this figure, the shock causes an
increase in the boundary layer thickness by

@  Boundary layer thickness
80+
6
mm SHOCK@ M, =1.285
40¢
i o—0— Q.o
0 L 1 1 1 i 1 1 )
020 040 060 x/c 080
40r ® Displacement thickness
5" My =0765 o =35 deg.
mm L Re =24x105 TRANSITION AT 7%c
SHOCK
20}
u-—D—D—-D/
0 L [ 1 L 1 L 1 J
020 040 060 «x/c 080
SHOCK @
00021 |
0001} \
0 L [ E— L 1 W i L -t
020 040 060 x/c 080
(© Skin friction coefficient (by wall /wake fit)
Fig.10: Boundary layer parameters for mod=-

erate incidence.

a factor of two and an increase in the dis-
placement thickness by a factor of about
4.4,
to a strong retardation of the boundary
The
10c
shows that for the present shock-upstream
Mach number the flow is not separated; sep-

the latter being more pronounced due

layer profile close to the surface.
skin friction distribution in Fig.



aration is, however, likely to occur if the
shock strength is slightly raised,
instance, by increasing the
attack.

for
angle of

In the second test case (a = 5°), the
shock=-upstream Mach number is M1 = 1.36,
i.e., the shock strength is substantially
higher than at the lower incidence. The
corresponding boundary layer development,
Fig. 11, exhibits a much more severe thick-
enning, with the displacement thickness now
being changed by a factor of approximately
7. Furthermore, a plateau in the boundary
layer parameters indicated in Fig. 10 for
the low incidence case no longer exists,
suggesting the presence of a large
shock-induced separation bubble. The lat-
ter is confirmed by the skin friction
distribution in Fig. 11c and by the
Schlieren photograph of Fig. 5. The down-
stream extent of the separated region can,
due to the aforementioned limitations of
the boundary layer probe measurements, only
be considered an approximation.

4.2 Laser Doppler Anemometer Results and Com-
parison with Probe Data.

In Fig. 12 a typical velocity profile
obtained for the low- incidence test case
is shown. As mentioned in Chapter 2.3, the
shock position has been influenced by the
probe support. Taking into account the
shift in shock position of about 10%, the
probe and LDA profiles have been plotted
together. The agreement is quite good in
the outer flow field; however, very close
to the wall, the LDA data show a large
amount scatter. This seems mainly due to
vibrations of the model during the tests
which are particularly pronounced in the
mid-span of the model where the measure-
ments took place. Also note, that the
measurements were taken within the immedi-
ate shock region.

Several comparisons of boundary layer pro-
files obtained by LDA and the boundary lay-
er probe for the high-incidence test case
are presented 13 to Fig. 16.
Upstream (x/c = 45%) and some distance into
the shock (x/c = 47% and 50%), the overall
agreement between the two data sets is

in Fig.

201 @ Boundary i hick
oundary layer thickness
8 s

M, =1366 @SHOCK /
/

/D
/

%

80t

O Probe

L / ®LDA

401 ¥
o = 0765 o =50deg.

'
I x:z"‘goayQ TRANSITION AT 7%c

Re = 24 x 105

0 L 1 1 n 1 i 1 i ]
030 050 070 090 x/c
60T 7
5 @ Displacement thickness /
mm //
SHoCK m/
L 7
40 @ =
7
pal
L ?D
20+ #
L /
D,-D-DD;
0 L 1 I A L A L L J
030 050 070 090 x/c
0003¢
Cf D.‘G\
5]
00
02+ b
\
0001 ¢ | SEPARATION
\
g t W—Q—-{)__J___
030 x/c 090
- 0001+ SHOCK@
L @ Skin friction coefficient {by wall/wake fit )
~-0002
Fig.11l: Boundary layer parameters for high
incidence.

gquite satisfactory. The LDA data scatter
near the wall is less pronounced which
resulted, in addition, in a better agree-
ment - compared to ¢ * 3.5 - in the predicted
boundary layer thicknesses, see Fig. 1la.
At x/c = 50%, the probe data indicate the
beginning of a separation bubble and a
deceleration of the flow as the probe moves
away from the wall through the complex
lambda~shock system. The LDA data also
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shock/boundary layer interaction regime.
Comparison probe/LDA results.

a =5, x/c = 45%.

indicate the closeness to separation (also

see Fig. 11c); however, the detailed outer
structure is not indicated. This may be due

to the intrinsic shock oscillations seen by
the LDA but somewhat subdue by the presence
of the probe. At x/c = 52% the outer flow is
again well predicted by LDA in agreement
with the probe measurement. Differences
occur within the separated boundary layer.
These may be due to the probe readings being
erroneous at these conditions as well as
‘the LDA not being sensitive to the flow
direction since Bragg-cells were not used.

Fig. 17 shows the present LDA result for a =
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Comparison probe/LDA results.
e =5°, x/c = 47%.
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4.8° in comparison with the published LDA
and probe data of Ref. 3.
dient indicated by the present data is com-
parable to the one shown by the 1 K LDA
results, but does not confirm the steeper
slope determined by the boundary layer
probe.

The velocity gra-

One reason may be that the position
of the shock is fluctuating by a small
amount and the LDA data show as a result a
spreading of the pressure rise, whereas the
solid pressure probe is, as mentioned ear-
lier, fixing the shock position.

On the other hand, the distances from the
wall are slightly different with the pres-
ent LDA being closer to the wall where the
pressure rise due to the shock is spread
over a larger chordwise distance. This
would also explain the lower velocities
downstream of the shock.
strate the effect of
geometry, all measured velocities are pre-
sented in a 3-D carpet plot obtained by a
3-D spline interpolation, Fig. 18. Clearly,
a considerable change of the velocity pro-
file behind the shock is noted when
changing from the wall from H = 4.0 (dotted
line) to 5.4 mm.

In order to demon-

small changes in

The two component LDA measurements provide
additional flow properties, such as the
flow direction and the turbulence levels.
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Fig.17: Velocity profiles across the
shock. The two component LDA results in

comparsion with results from the one compo-
nent LDA, the probe measurements and with
theory.
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3D velocity carpet plot of the two
component LDA measurements.
o= 4.8°.

Fig. 19 shows the chordwise velocity pro-
files across the shock for the two test cas-
es. A pronounced change in shock structure
is indicated as the angle of incidence is
increased from o 3.6° to 4.8°. In both
cases the measured flow angle distribution
reflects the change in the boundary layer
thickness due to the intraction of the
boundary layer with the shock, also indi-
cating at the higher angle of incidence the
separation region, Fig. 20. The corre-
sponding turbulence data, which still
contain some artificial noise, are pre-
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Fig.19: Chordwise velocity profiles across
the shock.
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Fig.20: Change of the flow angles across
the shock.

¢ =3.6° and 4.8°,

sented in Fig. 21. At the low incidence, the
shock hardly affects turbulence. At o =
4.8° two regions of higher turbulence can
be recognized: The first one immediately at
the shock, the second associated with the
reattachment process (also see Fig. 11c).
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CONCLUSIONS

A 2D Laser Doppler Anemometer with a focal
length of 750 mm and operating in backscat-
ter mode was applied in the 1 x 1m2 transon-
wind tunnel to the shock
boundary intraction region on a transonic
The LDA data were compared to con~

ic analyse
airfoil.
ventional boundary layer probe results.
Overall, the agreement between the two data
sets was satisfactory. However, some dis-~
especially at
positions close to the wall, where the LDA
data showed in some instances a consider-
able scatter, and within the separated
region, where flow reversal occurs, and
both the LDA and the probe data are suspect.
As a clear advantage of the LDA one can
ability to
non-intrusively, thus avoiding changes,
in the shock behavior, the
latter obviously occurring due to the pres-

crepancies remained,

state its measure

for instance,
ence of the solid probe. Furthermore, more

detailed information,
level as well as the Reynolds shear stress-

such as turbulence

es, can be obtained simultaneously with the



mean flow properties. The investigation has
also shown that the present technique must
be improved: Bragg-cells must be incorpo-
rated to determine the flow direction and,
secondly, the instantareous position of the
model must be recorded and related to the
position of the measuring volume.
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